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SHOCK TUNNEL STUDIES OF SCRAMJET PHENOMENA 1995
NASA GRANT NAGW-674 - SUPPLEMENT 13

Following the format of previous reports, this consists of reports on specific projects. After a
brief introduction on each project, the project reports follow in the order of the headings in the
introduction.

“Program A” corresponds to work funded jointly by NAGW-674 and Australian sources, and
“Program B” to that funded by Australian sources alone.

PROGRAM A
) Area Change in an Expansion Tube

(i)

Boundary-layer Blockage in Expansion Tube Nozzles
(O. Sudnitsin and R.G. Morgan)

The effect of the boundary layer on the flow in a hypersonic nozzle placed at the end
of the acceleration tube has been subjected to theoretical analysis, and the technique of
analysis has been checked against some GASL experimental results for a diffuser in an

expansion tube.

Skin Friction Measurements in a Shock Tunnel
(C.B. Goyne, R.J. Stalker and A. Paull)

Measurements of skin friction in a turbulent boundary layer formed in a zero pressure
gradient rectangular duct have been made in the T4 free piston shock tunnel. Analysis
of results is not yet complete, however, they indicate that Van Driest II is suitable for
predicting the skin friction, at least at the lowest stagnation enthalpy studied.

Other tests were made involving the measurement of skin friction in a duct in the
presence of hydrogen combustion. In one series, hydrogen was injected via a central
strut spanning the duct, and it was found that combustion increased the heat transfer to
the walls of the duct, but not the skin friction. In a second series, hydrogen was
injected from a rear ward facing step, in a film cooling mode. Again, the skin friction

did not increase with the heat transfer.



PROGRAM B

@

Direct Measurement of Thrust/Drag

(a) A Study of Scramjet Scaling
(M.V. Pulsonetti and R.J. Stalker)

This was a study carried out to determine the scaling laws for a simple case of
supersonic hydrogen-air combustion. It was expected to provide a criterion for
determining when vigorous combustion would take place in a model, and therefore
define when the drag would be substantially altered by combustion induced thrust. It
was found that two types of combustion occurred, a mixing limited or reaction limited.
The latter took place at the lower range of air temperatures at which auto-ignition
occurred, and was therefore associated with gRater heat release. Both types of
combustion scaled by a pressure-length correlation, though at higher pressures the
reaction limited exhibited a rate of combustion pressure rise which did not scale
according to that correlation.

(b) A Shock Tunnel Investigation of Scramjet Performance with Partially
Premixed Combustion

(R.J. Stalker, R.G. Morgan and A. Paull)

The reaction limited combustion revealed by the previous study is investigated in more
detail here. Particular attention is given to the location, in the combustion duct, of the
explosive pressure rise which accompanies combustion in this case. The distance
along the duct from injection to the location of the peak of this pressure rise depended
on a parameter involving the flow velocity and the pressure. When the pressure rise
occurred downstream of the combustion chamber, thrust production by a thrust nozzle
downstream of the combustion duct was inhibited.

(c) Experiments on Cruise Propulsion with a Hydrogen Scramjet
(R.J. Stalker and A. Paull)

The drag of an integrated vehicle-engine model combination with hydrogen scramjet
propulsion was measured, and it was found that the cruise condition of zero drag could
be obtained at a velocity of 2.45 km s’ The specific impulse was 835 sec.
Comparison with some results from the previous investigation suggested that
substantial combustion may be taking place in the thrust nozzle. This may have an
important effect on the lift.



(ii)

Expansion Tubes

(a) Drag Measurements in Carbon Dioxide Test flows using a

Hypervelocity Expansion Tube
(A.L. Smith and D.J. Mee)

The stress wave force balance is theoretically able to measure model drag in a very
short time. Here measurements are made up in small expansion tube, with a test flow
duration of 50 psec, on a series of sharp cones, and on two re-entry shield
configurations.

(b) A Two-Stage Free-Piston Driver for Expansion Tubes
(C.J. Doolan and R.G. Morgan)

The concept of a two-stage free piston driver has been discussed in previous reports.
Here the concept is applied successfully, and the results of tests on this type of driver
are presented.

Mass Spectrometric Measurements
(R.R. Boyce, M. Takahashi and R.J. Stalker)

The mass spectrometer used for previous measurements has been improved, and new
measurements have been taken in the shock tunnel T4 of the test gas composition and
of driver gas contamination of the test flow
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Boundary-layer blockage
in expansion-tube nozzles

O. Sudnitsin and R. G. Morgan
University of Queensland
Brisbane, QLD, 4072, AUSTRALIA

Abstract: The results of a first-order perfect gas correction for the effects
of the boundary-layer formation within expansion tubes with nozzles are pre-
sented. The analytical model developed to describe the boundary-layer forma-
tion within the expansion tube and an expansion nozzle located at the end of
the acceleration tube is based on the Karman integral equations. The results of
this analytical model are compared with experimental data from an expansion
diffuser. The model provides a useful tool for the preliminary design of nozzles
for such facilities.

Key words: Boundary layer formation, Boundary layer blockage, Nozzle flow,
Expansion tubes, Hypersonic flows, Karman integral equations

1. Introduction

Scale modeling of hypersonic flows cannot be achieved with complete matching
of all non-dimensional scaling parameters. Laboratory testing generally involves
only partial similarity and can be justified if the phenomenon of interest is
controlled primarily by matchable parameters. For example, the binary scaling
parameter allows accurate modeling of binary finite-rate dissociation processes,
simultaneously reproducing viscous effects.

However, many processes of interest in hypersonic flow do not follow binary
scaling, and exact simulation requires full size models. Combustion, recombi-
nation and gas radiation are examples of such processes. The size of the test
section, therefore, limits the size of flight vehicle which can be tested in this
way. Expansion of laboratory test flows enables larger models to be tested, but
the associated drop in pressure limits the range of flight conditions which can
be reproduced. Because of their high total-pressure simulation capability, ex-
pansion tubes can potentially provide improved performance over other existing
facilities.

In the superorbital expansion tube, it is of interest to model rarefied flow
phenomena, for which it is necessary to reduce gas density by means of a nozzle.
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Boundary layer blockage

The limited test size of an expansion tube may be increased by means of an
expansion nozzle located at an appropriate section of the tube (Sudnitsin and
Morgan 1994). The starting process associated with nozzle flows reduces the
steady test time available (Leyva 1994), and may provide additional limitation
on model size.

A nozzle was tested successfully by Miller and Jones (1983) on an expansion
tube. However, for their purpose, the unmodified expansion tube was found to
be better and the use of the nozzle was discontinued.

Despite the reduction of the binary scaling parameter associated with the
use of nozzles, direct simulation over a useful range of flight conditions may still
be obtained.

However, certain problems need to be addressed if such nozzles are to be
used. Firstly, reservoir pressure must be sufficient to reproduce real-flight con-
ditions. A simple ideal-gas analysis (Sudnitsin and Morgan 1994) provides a
quick assessment of operational conditions in terms of the important non-
dimensional parameters. Using this approach, the characteristics of simulated
flow in terms of total pressure, driver-noise attenuation (Paull and Stalker 1992)
and test-gas temperature may be found for three different configurations of an
expansion tube with the divergent nozzle placed at A — the end of the driver
section, B — the end of the shock tube, and C' — the end of the acceleration
tube. Configurations and conditions which may give superior performance and
for which further investigation is justified can thus be easily identified.

Time — Distance diagram contact surface

e———ne primary shock
secondary shock

unsteady expansion

1  gquiesoent test gas
primary diaphragm secondary diaphragm 2 test gas behind
Ll d 3 driver b t'zohzik
- river gas fo ng
"? unsteady u-;aarui—m@
/ 4 driver gas
W 5 quiescent acceleration gas
. . 6 acceleration gas behind
Driver Shock tube Acceleration 3 secondary shock
tube Test sectionn 7 test gas following

unsteady erpansion (2)

Figure 1. Configuration C

According to the results of the performance comparison in terms of nose-
to-tail pressure ratio, configuration C has been chosen for initial investiga-
tion (Fig. 1). This configuration is advantageous because it is relatively sim-
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Boundary layer blockage

ple to modify the existing facility and it can be shown that its performance
at some operating conditions is comparable to the configurations A and B

(Sudnitsin and Morgan 1994).

One aspect of nozzle design concerns the influence of the boundary layers on
the effective test-flow area that is achieved in the core flow. This effect is small
for low-Mach-number flows, and is often not corrected for in the design stage,
because direct calibration under operating conditions can be used to determine
precisely the expanded-flow parameters. However, in superorbital expansion
flows, significant boundary-layer blockage may arise, and the nozzle geometric
area ratio may be quite different to that seen by the core flow. Consequently, an
analysis is presented which couples the boundary-layer displacement thickness
to the expansion process, giving an improved indication of the state of the core
flow.

The present analysis has been done for a small-scale expansion tube at the
University of Queensland (X1), and the nozzle is currently under construction.
Experimental data for a diffuser on an expansion tube obtained by General
Applied Science Laboratories, Inc (GASL) (Bakos et al. 1992, Bakos 1994) were
used to validate the analytical results prior to designing the nozzle for X1 at
the University of Queensland.

2. Boundary layer analysis

The present analysis investigates the growth of the boundary layer on the walls
of the expansion tube which will reduce the size of the available test core from
Ato A’ (Fig. 3) and change the area ratio of the nozzle, resulting in a decrease
in the pressure ratio associated with it. Flow is assumed to be compressible,
and the formation process has been divided into two stages, formation within
the tube and growth within the divergent nozzle.

displacement thickness &*
unsteady ezpansion interface shock Area ratio -
.

7 .4
Core flow area ratio —
/ / Y / 4

! A apr A
= dz
U s =U shock 4 Y
7 6 5 k
—
==z~ acceleration @
tHon
lb.L z see
Lo bm text section -
Figure 2. Boundary layer formation in Figure 3. Boundary layer formation in

the acceleration tube. the nozzle.
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2.1. Boundary-layer formation within the acceleration tube

A boundary layer grows between the head of the rarefaction wave and the shock.
Fig. 2 schematically demonstrates the different stages of the boundary-layer
formation and flow for each region.

Boundary layers within the shock tube act as an aerodynamic sink for the
acceleration gas in region 6 between the shock and interface (Fig. 2). Test gas
is also lost by this process in region 7, behind the interface. The boundary
layer at the exit plane of the acceleration tube grows with time. The worst
boundary-layer thickness occurs with the arrival of the secondary unsteady-
expansion head (Fig. 2). Useful gas flow in this region is completed at this
time.

For the present calculations a worst-case approach was adopted, assuming
the origin of the test-gas boundary layer coincided with the shock location.
Therefore, region 6 (Fig. 3) is considered infinitesimally small and Iy = [,
which is a good approximation at high shock speeds. Thus, the test-gas bound-
ary layer develops under the influence of conditions behind the interface (region

7 in Fig. 3).

Table 1. Sample predicted condition for X1, targeting supersonic combustion.

Regions

Fig. 1 Pressure, Pa  Temperature, K Velocity, m/s Speed of sound, m/s
4 5E+07 2000 0 1827¢

7 6E+5 3082 3727 1112°

8 25E+3 1250 4200 709

Primary shock speed U,p; = 3000 m/s, secondary shock speed Usp2 = 4500 m/s
Speed of sound ratio across the driver gas-test gas interface ag/az = 0.7

4 driver gas is a mixture of He and Ar with ¥ = 1.67 and R = 1000 J/(kg K)

b test and acceleration gas is air with ¥ = 1.4 and R = 287 J/(kg K)

In the sample calculation for X1 (Table 1), it was assumed that the bound-
ary layer behind the interface in the acceleration tube is turbulent. The char-
acteristic thicknesses § — the boundary layer thickness, 6* — the displacement
thickness, and & — the momentum thickness, which define integral deficits, were
calculated from Hayes and Probstein (1959) and act as starting conditions for
the nozzle boundary-layer calculation.

2.2. Boundary-layer formation within the expansion nozzle

The modeling of the nozzle boundary layer assumed that the surface can be
represented by a flat plate with a favorable pressure gradient, that the flow is
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compressible, and that the Kirman-based method of Walz (1969) may be used
to quantify the development of §* and 6 with z.

The approach that was used allows the bulk boundary-layer properties to be
calculated without solving for the internal profiles. These properties can then
be used in a one-dimensional approach to calculate nozzle-exit conditions.

The physical information required to complete the calculations was incor-
porated into the differential equation for the velocity, density, and area-ratio
variations along the nozzle. After the initial values of the variable parameters
(Walz 1969) were estimated, final bulk properties of the boundary layer were
obtained by solving the system of differential equations. A conical nozzle with
an area ratio of 9 was used to generate the axial-pressure distribution that was
used for the computations. When the effect of the boundary-layer displacement
thickness was added to the contour, the geometric area ratio that was needed
to expand the core flow to the correct pressure was found to be 20. This illus-
trates the importance of boundary-layer blockage for these flow conditions. The
increase of displacement thickness is due to the entrainment of new fluid in the
nozzle and also to the expansion of the boundary-layer gas. In this example,
66% of the downstream displacement thickness is due to entrainment in the noz-
zle, illustrating the importance of minimizing nozzle length. The experimental
validation of this result is yet to be made.

3. Comparison with experimental data

In order to validate the analysis above, it was applied to data from a diffuser
placed at the end of the expansion tube at GASL (Bakos et al. 1992). The
0.85-m-long diffuser with the initial conditions M17 (Bakos 1994) produced a
boundary layer with a thickness 8ezi¢ = 6.25 mm (from an exit Mach number
profile from Bakos et al. 1992). The nozzle-starting condition, M17, and the
history of the boundary layer were deduced from Bakos at al. (1992) where the
boundary-layer thickness was measured to be 8o ~ 25 mm at the acceleration-
tube exit.

The diffuser was designed to produce an increase in static pressure of 11.9
(perfect gas approximation) relative to the incoming flow. After correction of
the contour to account for the displacement thickness, the pressure increase
that is expected is 8. The actual experimental pressure ratio (Table 2) (Bakos
et al. 1992) was measured to be 8.8. Therefore it can be seen that the inviscid
calculation of a diffuser contour somewhat overestimates the pressure ratio,
whereas the boundary-layer-corrected contour can predict the pressure ratio
much more realistically. The fact that the viscously corrected and experimental
pressure ratios are not exactly the same may be partly due to the fact that the
boundary-layer thickness is not precisely known from the data that is available.

3
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Further validation will be provided by the planned experiments.

4. Conclusions

The present work indicates the importance of viscous effects in expansion tubes
with nozzles. It demonstrates the significant effect of the displacement-thickness
correction on the contour and the predicted pressure ratio. As the velocities
and Mach numbers of the phenomena of interest increase, it will be impor-
tant to correct for viscous effects from the early stages of nozzle design, rather
than by calibrating for viscous effects after construction. The simple correction
technique is provided to assist with this type of problem.

Acknowledgement. This work was partially supported by the NASA Langley Re-
search Center (Grant NAGW 674, contract monitor R.C. Rogers).
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SKIN FRICTION MEASUREMENTS IN A SHOCK TUNNEL

C.P. Goyne, R.J. Stalker and A. Paull

INTRODUCTION

In order to obtain experimental skin friction estimates for both internal and external surfaces
of a supersonic combustion ramjet, a series of experiments were conducted in the T4 Shock
Tunnel using a new skin friction gauge. In the first experiment, skin friction was measured in
laminar, transitional and turbulent boundary layers within a rectangular duct. In the second
experiment, skin friction was measured along a rectangular, constant area combustor with
central hydrogen injection. Lastly, skin friction was measured within a rectangular, constant
area combustor with hydrogen injection behind a wall step. The test section free stream
conditions for each experiment are listed in Table 1.

SKIN FRICTION GAUGE

The skin friction gauge is an acceleration compensated piezoceramic sensor. The transducer
is similar to that described by Goyne et al. 1995. Some design changes, however, have been
incorporated to provide added protection of the sensing piezoceramic from heat transfer and
ionisation associated with the free stream flow. Both the measuring and acceleration
compensating piezoceramics consists of a 1.5 mm thick, 8 mm diameter PZT block with a 2
mm hole through the centre. The ceramics are located on each side of an aluminium base and
10 mm diameter invar disks are joined to each of the two remaining faces. One of these invar
disks forms the skin friction sensing surface while the other, protected from the flow, is used
for acceleration compensation. Both ceramics are covered by an acrylic insulator which is
then coated with a conductive paint. The coating is earthed and acts as an electrical shield.
The sensing ceramic is also wrapped in approximately 8 layers of fine brass mesh. The mesh
acts to cool free stream air that enters the cavity formed between the peizoceramic/invar
assembly and the gauge housing. The transducer is calibrated for shear, pressure and
acceleration forces separately and independently from the shock tunnel flow.

EXPERIMENTS - THE LONG DUCT

In the first experiment in T4, skin friction measurements were obtained at five locations along
a 1.5 m long flat plate. The instrumented plate formed one of the inner walls of a rectangular
duct, 120 x 60 mm at the inlet. The three remaining walls each had a divergence of 0.5
degrees in order to allow for boundary layer displacement and maintain a nominally constant
pressure along the instrumented plate. Thin film heat transfer gauges and PCB pressure
transducers were located adjacent to each skin friction gauge tapping.

3



Table 1. Free stream conditions

Long Duct Central Injection Step Injection
H, 3-10 Mi/kg 6.6 Mi/kg 8.2 Ml/kg
M 5.5-6.5 44 43
T 400-1300 K 1360 K 1760 K
P 1-20 kPa 66 kPa 85 kPa
o - 1.1 0.5-1.6

The heat transfer measurements indicated that transitional and fully turbulent boundary layers
were achieved. The skin friction gauges in the transitional regions exhibited fluctuations in
skin friction associated with the passing of turbulent spots. Preliminary results indicated that
the skin friction measurements obtained within the turbulent region of the boundary layer
agreed most with the theory of van Driest II 1956, at least in the low stagnation enthalpy end
of the range. These results are shown in Figure 1.

EXPERIMENTS - CENTRAL INJECTION

The second series of skin friction measurements were obtained in a 1320 mm long constant
area combustor, 100 x 47 mm in cross section which is shown schematically in Figure 2(a).
Four skin friction transducers were located along the centreline of one of the 100 x 1320 mm
walls. Thin film heat transfer gauges and PCB pressure transducers were also located along
the wall. Hydrogen was injected into the combustor from a central strut that spanned the 100
mm dimension. The strut protruded from the inlet so that the strut bow shock and associated
expansion did not enter the duct. A fact acting valve and a Ludwieg tube supplied the fuel to
the injector. The arrangement was similar to that used by Jacobs et al. 1991 for pressure
measurements.

Pressure andheat transfer measurements, shown in Figure 3, indicated that mixing limited
combustion occurred and that the boundary layer was turbulent at the measurement locations.
Preliminary skin friction results in Figure 4 indicated that Reynold’s analogy did not apply in
the wall boundary layer when fuel was injected. The ‘fuel on’ heat transfer and pressure
levels reached a maximum of 1.6 and 2 respectively times the ‘fuel off’ levels. However, the
‘fuel on’ skin friction levels only reached a maximum of 1.3 times the ‘fuel off’ level, at a
point separate from the normalised heat transfer and pressure maximums.

Two sets of results are shown in Figure 4, showing measurements taken with the position of
the gauges reversed. This was done with the intention of eliminating the influence of factors
peculiar to a particular gauge.

EXPERIMENTS - STEP INJECTION

The final experiment in the series involved skin friction measurements in a constant area
rectangular combustor with hydrogen injection from a step on the wall. The previously
mentioned combustor configuration was modified such that the instrumented plate was placed
flush with one of the surfaces of the strut injector as shown schematically in Figure 2(b). The
arrangement formed a step at the upstream end of the instrumented plate, from which fuel was
injected into the boundary layer at a number of different mass flow rates.
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The results indicated that mixing limited combustion occurred. Again, Reynold’s analogy
was found not to hold when ‘fuel on’ levels were compared with ‘fuel off” levels. The heat
transfer results of Figure 5 showed that the fuel significantly cooled the boundary layer
immediately downstream of the injector and the heat transfer rose above ‘fuel off” levels near
the end of the duct. The skin friction levels with ‘fuel on’, however, were less than the ‘fuel
off” levels along the entire length of the plate, as may be seen in Figure 6.
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A STUDY OF SCRAMJET SCALING
by M. V. Pulsonetti” and R. Stalker

Abstract

A scaling study was performed to determine
the scaling laws for the performance of scramjet
engines. Experiments were performed on two centrally
injected scramjets in the reflected shock tunnel, T4.
The scramjets had a 5:1 scale to all their dimensions.

" The binary scaling (pressure scaling) law was tested on
the two scramjets meaning the product of the static
pressure in the duct and characteristic length was held
constant. A number of test conditions were used to test
the scaling law. Five conditions were at approximately
the same nozzle stagnation pressure (369 MPa)
however the stagnation enthalpy was varied from 3.59
to 10.7 MJ/kg. Additionally five conditions were held
at approximately the same stagnation enthalpy (5.61
Ml/kg) while the nozzle stagnation pressure was varied
from 5.9 to 37.5 MPa. For each of these conditions
great care was taken to ensure that the Mach number,
temperature and species concentrations were the same
as nearly as possible in the two scramjets. The pressure
distributions obtained show combustion in the mixing-
limited regime and the reaction-limited regime. The
ignition time was found to scale well by the pressure-
length scaling law. The rate of pressure rise due to
combustion was found to be more sudden in the large
scramjet for the reaction-limited cases than it was in the
small scramjet. The scaled pressure rise due to
combustion was slightly larger in the large scramjet than
in the small scramjet for all but the highest enthalpy
condition. Possible explanations for the above two
effects are put forward. The results indicate that the
pressure-length scaling law is effective as a first
approximation in predicting scramjet performance.

* PhD student, University of Queensland,
Lecturer, Queensland University of Technology
Member, AIAA

' Emeritus Professor, University of Queensland

Associate Fellow, AIAA

Copyright ©® 1996 by the American Institute of
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Nomenclature
nmo mixing efficiency for tangential injection
nm90 mixing efficiency for normal injection
empirical mixing rate constant
equivalence ratio
effective inviscid duct height
height of scramjet duct
forward reaction rate constant
characteristic length
third body
static pressure
static pressure at injection station (exp)
static pressure at injection station (theory)
static temperature
ignition time
axial distance from fuel injection
Xem length for minor constituent to be fully

mixed

Introduction

Over the last thirty years much energy has
gone into the research and development of scramjet
engines. Some of the effort has been devoted to the
experimental testing of scramjets while other has taken
the form of theoretical analysis of scramjet performance
using computational fluid dynamics (CFD) codes.
Although these codes are constantly being improved
upon they are still unable to accurately predict scramjet
performance over the complete range of flight
conditions. Thus to facilitate the design of a scramjet
powered hypersonic vehicle the researcher must rely
upon experimental data to estimate scramjet
performance and to calibrate the CFD codes.

The experimental testing of scramjets is
currently done in ground based facilities. While
blowdown facilities provide some data of scramjet
behaviour at the lower mach numbers, testing of
scramjet performance at the higher mach number range
is done in impulse facilities. Due to the short test times
in these impulse facilities only small scramjet models
can be tested. Thus scaling laws are needed to relate
the abundance of performance data obtained in these
small scramjet models to a full sized scramjet. It was
the determination of these scaling laws that provided the
motivation for this study.

American Institute of Aeronautics and Astronautics
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In ramjet and gas turbine combustors it was
found that as long as similarity of the fuel distribution
and heat transfer could be achieved, the pressure-length
scaling factor was a.n effective means of scaling
combustor performance’?. Thus if all other propertics
were held constant, the pcrformance would scale the
same for half the length and twice the pressure. To
consider if this law would be an appropriate guess at the
scaling of performance in a scramjet one must look
theoretically at the flow phenomenon occurring in a
scramjet combustor.

Theoretical Scaling of Scramjet Ducts

There are a number of physical phenomenon
which may affect the scaling of a scramjet combustion
chamber. These include the ignition time, complete
reaction time, the wall boundary layers, the mixing layer
thickness, the mixing efficiency, the heat transfer and
the effect of pressure on equilibrium heat release.
Although it is acknmowledged that these effects are
coupled, as a first order estimate of their effects on
scaling these phenomena were look at individually to
see how each would scale with pressure. The results are
presented briefly however they can be found in detail in
the thesis by Pulsonetti®.

Ignition Time

The ignition time is generally thought of as the
time for the temperature rise to reach 5 % of the
complete reaction temperature rise. Physically this
means the time required for sufficient free radicals to be
formed which will initiate the reaction system. The
ignition reaction which produces these free radicals is a
two body reaction and as such should scale by the
pressure-length scaling law (equation 1).

P L = constant 0))]

The global model of ignition time given by Pergament*
shown in equation 2 agrees with this.

9600

8x10%e
[
= @

In equation 2 the units of ignition time, static pressure
and temperature are microseconds, atmospheres and
degrees Kelvin, respectively. Pergament’s global model
was developed from the results of an eight reaction, six
species scheme which in turn was developed to model
an expanded chemistry model with many more reactions
and species.

Reaction Time

The reaction time is defined as the time
required until 95 % of the heat is released due to the
formation of water as measured from the point of
ignition. The reaction which produces water is a three
body reaction and therefore theoretically this reaction
should scale by pressure*-length (equation 3).

P*L = constant 3)

It must be pointed out, however, that the above equation
was derived by considering only the three body reaction
which produces water. In a hydrogen-air system there
are many intermediate reaction which will occur before
this final reaction, many of which are two body
reactions. Therefore it is reasonable that the power on
the static pressure in the scaling law be less than two.
Additionally, for the case of mixing-limited combustion
it is expected that the effect of the scaling of the three
body reactions will not play a dominant role in the
performance scaling since the rate of reaction depends
on the rate of mixing which will be shown to scale by
cquation 1. For the reaction-limited combustion these
cffects are also expected to be minimal after the
reactions catch up to the mixing, thereby becoming a
mixing-limited situation.

Wall Boun Laver
Another factor which can effect the

performance of a scramjet is the growth of the boundary
layer on the inside surface of the duct. Examining the
simple case of an incompressible turbulent boundary
layer on a flat plate Prandtl’® derived the power law
expressions as discussed by White®. These showed that
the boundary layer thickmness, the displacement
thickness and the momentum thickness normalized by
the axial coordinate were a function of the Reynolds
number. Since the Reynolds number can be expressed
as a function of the static pressure, the static
temperature and the Mach number it is clear that the
wall boundary layers should scale by the pressure-
length scaling law.

Mixing Efficiency

The term mixing efficiency stands for a one-
dimensional, empirical measure of the completeness of
mixing. Anderson’ correlated numerous results of
hydrogen-air mixing data to arrive at the empirical
correlation for the length for the minor constituent to be
fully mixed and the mixing rate. His relations for
mixing efficiency as a function of the axial coordinate
are specified for parallel injection and normal injection
in equations 4 and S, respectively.
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In these equations the length for the minor constituent
to be fully mixed is given by equation 6.

0.179¢!7%  ¢<1
Xgn = f G (6)
T | 3333¢120%  ¢>1

From these relations it can be shown that for either
pormal or tangential fuel injection the pressure-length
scaling law will scale the mixing efficiency.

Effect of Pressure on Equilibrjum Heat Release
Another factor which may affect the scaling

results is the impact of the static pressure level on the
amount of heat released due to combustion. Since it is
clear that as the static pressure of a gas including atomic
and molecular species increases the gas is forced into a
more molecular form. It is thus expected that
performing combustion experiments at higher static
pressures will cause more products to take the form of
molecular species rather than atomic or free radical
species. If the molecular species formed consist
primarily of water the energy released due to
combustion will be a larger value than that at lower
static pressure.

To quantify this effect a quasi one-dimensional
code. called was used to study the effect on
combustion of a factor of 5 variation on inlet static
pressure. The code considers a scramjet flowfield of
two streams, an air stream and a fuel/mixing stream,
each of which has its own properties and composition,
however, at any axial location the static pressure of the
two streams is constant. An entrainment rate for the air
into the fuel/mixing stream is specified in the code and
reactions are allowed to occur with equilibrium
chemistry.

Three test conditions were chosen to examine
the effect of inlet static pressure on equilibrium heat
release. One (condition B) was at a relatively high
stagnation pressure and low stagnation enthalpy,
another (condition E) was at a relatively high stagnation
pressure and stagnation enthalpy and the last (condition
H) was at a relatively low stagnation pressure and
enthalpy (see table 1).

The results indicate that for 100 % mixing of
the minor constituent, the percent difference in the
maximum pressure rise normalized by the inlet pressure
in the duct was less than 6.1 %, with the maximum

difference occuring at the highest enthalpy condition
(condition E). For lower values of mixing efficiency,
about 30 %, the difference becomes negligible. Even at
the 100 % mixing efficiency, however, this difference is
within the experimental uncertainty of the data. Thus
the effect of pressure on equilibrium heat release will
not severely change the outcome of this thesis.

The Facility

The experiments were performed in the free
piston driven reflected shock tunnel, T4, at the
University of Queensland in Brisbane, Australia shown
in figure 1. The facility’s compression tube is 26 m
long and 229 mm in diameter. It was filled with either
helium at the higher enthalpies or 2 mixture of helium
and argon at the lower enthalpies. The shock tube is 10
m long and 75 mm in diameter. It contained either
pitrogen test gas for the mixing runs or air for the
combustion or tare runs. Two nozzles® were used in the
study, one designed to produce a test section mach
number of 4 and one to provide a mach number in the
test section of 8.

The Scramjet Models

The experimental scramjet models used for
this study are shown in figure 2. The length of the large
scramjet was 1.320 m with 2 width and height of the
combustion duct being 100 mm and 47.14 mm,
respectively. The central fuel injector which supplied
gaseous hydrogen to the test gas was 10 mm thick and
had a throat height of 1.60 mm. The model was
instrumented with recess mounted piezo electric
pressure transducers and thin film hest flux gauges,
manufactured in house, spaced 40 mm apart.

The small scramjet was 300 mm long with 2
combustor width and height of 20 mm and 9.43 mm
respectively. The central fuel injector was 2.016 mm
thick and had a throat height of 0.323 mm.

The Test Conditions

The aim of the experiment was to test the
pressure-length scaling factor. Therefore since the large
scramjet was a factor of 5 greater than the small
scramjet it was desired that the static pressure in the
large scramjet be one fifth of that in the small scramjet.
At the same time it was desired that the other properties
such as the static temperature, the mach number and the
species concentrations remain the same. One might
think this could be achieved by decreasing both the fill
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pressure in the shock tube and the burst pressure of the
primary diaphragms while keeping the pressure ratio the
same. However, this was not an acceptable procedure
since the lowering of the pressure in the shock tube
reservoir while the temperature remains constant will
cause an entropy increase. A report by Hamris and
Warren'® and Harris!! showed that the gas composition
in the nozzle exit flow is strongly correlated with the
entropy of the shock tube reservoir. Thus it was felt
that a factor of 5 change in the pressure would change
the free radical concentrations too drastically in the
shock tube reservoir and in the scramjet model since
freezing of the species in the nozzle was expected to
occur. Since ignition in the scramjet is highly
dependent on the amount of free radicals present this
method was discarded.

The method chosen to produce the test flow
was to run the facility at the same conditions but in the
large scramjet instead of expanding the flow to Mach
4.5 the flow would be over expanded in a different
nozzle to mach 8. The flow was then processed by a set
of 15 degree opposing compression wedges and a slight
internal expansion at the start of the model to achieve a
Mach number of 4.5. It was assumed that the flow
would remain chemically frozen as it passed through the
wedges since the entropy rise across the oblique shocks
would be far less than across a normal shock.

The test conditions were chosen to maximize
the amount of information that could be obtained.
Since the two properties that could be varied in the
reflected shock tunnel were the stagnation enthalpy and
the stagnation pressure, it was decided to hold each
property constant while varying the other. Ascan be in
figure 3 of the nine test conditions chosen, five
(conditions A, B, C, D and E) were at approximately the
same nozzle stagnation pressure (38.7 MPa) while the
stagnation enthalpy was varied from 3.6 MJ/kg to 10.7
Ml/kg. Likewise, five conditions (B, F, G, H and I)
were at approximately the stagnation eathalpy (5.6
Ml/kg) while the nozzle stagnation pressure was varied
from 37.5 MPa to 5.9 MPa. The test conditions are
presented in table 1. The percent error in the nozzle
stagnation pressure between the two scramjets ranged
from 0.0 % to 8.3 % with an average value of 2.8 %.
For the stagnation enthalpy the percent error between
the two models ranged from 1.2 % to 7.4 % with an
average value of 3.9 %.

The technique of data reduction® began with
finding the time, in a shock aligned time frame, at which
the pitot pressure at the model inlet, the static pressure
at the start of the duct and the static pressure at the end
of the duct attained a constant value when normalized
by the nozzle stagnation pressure using an appropriate
time delay such that the test slug is followed. In doing
this it is assured that the flow is established throughout

the scramjet duct before the test slug arrives. Using the
shock speed as a guess at the flow velocity in the test
section the stagnation pressure and pitot pressure for the
test slug was determined form the nommalized values
and the time delays. The ESTC' code uses the
experimentally determined shock speed to calculate the
conditions in the nozzle reservoir for the test slug of gas
using equilibrium chemistry. The ? program is
then used to calculate the flow through the Mach 4 and
Mach 8 nozzle in the small and large scramijets,
respectively, to obtain the nozzle exit conditions using
finite rate chemistry. For the large scramjet the flow
conditions are then calculated, assuming frozen
chemistry, as the flow is processed by the opposing
shocks off the opposing wedges, the shock and
expansion fan off the fuel injector tip and the internal
expansions at the start of the scramjet duct. For the
small scramjet, in order to more effectively match the
conditions in the large scramijet, the flow is processed
by a slight internal expansion through which frozen
chemistry is assumed.

The gaseous hydrogen fuel was injected at
approximately Mach 2.65 with a static temperature and
velocity of 120 K and 2200 m/s, respectively. The
discharge coefficients for the fuel injectors in large and
small scramjets were 0.69 and 0.48, respectively. Thus
the effective throat height in the small scramjet was less
than the scaled value. This required that the total
pressure of the fuel in the small scramjet be greater than
the scaled value in order to achieve the desired
equivalence ratio. The ratio of the total pressures in the
two scramjets therefore had an average value of 6.63.

The theoretical Mach number, static
temperature, velocity, equivalence ratio, and theoretical
and experimental values of the test gas static pressure at
the fuel injector exit plane in the two models are given
in table 2. Based on these values the scaled pressure
between the two scramjets varied from 4.59 to 5.90 with
an average value of 5.03. The average percent error
between the two scramjets for the Mach number, static
temperature, velocity and equivalence ratio was 2.2 %,
5.4 %, 2.9 % and 10 %.

The Pressure Distributions

Tare (air test gas, no fuel injection), mixing
(nitrogen test gas, hydrogen fuel) and combustion runs
(air test gas, hydrogen fuel) were obtained in the both
scramjets at the conditions mentioned above. The
exception to this is conditon I where in the large
scramjet no runs were obtained. Additionally, condition
A in the small scramjet produced flow which was
thermally choked, therefore, it will be eliminated from
the following discussions.
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Figure 4 shows the pressure distributions
obtained in the small scramjet for condition C. The
graph is plotted as a function of the distance from the
fuel injector exit normalized by the scramjet duct
height. Additionally, the static pressure is plotted as the
ratio of the static pressure at any point in the duct to the
pressure of the test gas just prior to fuel injection in
order to remove any small differences in the static
pressure due to slight run to run variations in the test
gas intake pressure.

The pressure distributions for the combustion
runs at this condition show the gradual rise in pressure
characteristic of mixing limited combustion in the
scramjet duct. This type of result was also obtained at
conditions D and E in both scramjets as well as
condition C in the large scramjet. This type of result
occurs at the higher enthalpy conditions as the reaction
lengths are much shorter at the higher temperatures.
Also evident in figure 4 is the good repeatability
obtained in the tare, mixing and combustion runs.

Figure 5 shows the pressure distributions
obtained in the large scramjet for condition B. The
combustion run pressure distributions for this condition
show the sudden pressure rise characterisic of a
reaction limited combustion situation. This was also
observed for conditions F, G and H in both scramjets as
well as condition B in the small scramjet. This result is
expected at the lower stagnation enthalpies due to
longer reaction times at the lower static temperatures.
After the reactions catch up to the mixing process it is
observed at each of these conditions that the reaction
proceeds in a mixing limited manner.

Scaling of the Ignition Time

As was previously mentioned, the ignition
times should scale be correctly scaled by the pressure
length scaling factor which was tested in the
experiments. Thus the ratio of the air static pressures in
the small scramjet to that in the large scramjet at the
point of fuel injection should equal the ratio of the
ignition time in the large scramjet to that in the small
scramjet. These two ratios are plotted as a function of
stagnation enthalpy in figure 6. The ignition lengths are
measured from the fuel injector exit to the midpoint of
the two transducers where the deviation from the mixing
run pressure rise is observed. Since it is unknown
where between these two transducers that the
combustion started, half the distance between the
transducers can be used as maximums and minimums
on the ignition length. From these values maximum and
minimum ignition time ratios can be obtain by the
quotient of the maximum and minjum ignition lengths in
the two scramjets. Specifically, the lower limit on the

ignition time ratios is obtained by dividing the minimum
value of the large scramjet ignition length by the
maximum value of the small scramjet ignition length.
The upper and lower limit of the ignition time ratios are
also plotted in figure 6.

From this figure it is observed that for
conditions B, D and E the ignition time scales well with
the pressure-length scaling factor while for condition C
the pressure ratio was a bit lower than the ignition time
ratio. Also derived from the plots is that the pressure-
length scaling law for the ignition time does not seem to
be a function of stagnation enthalpy. Hence it is
concluded that the at the high pressure conditions the
pressure-length scaling law is a good predictor of the
ignition time.

The pressure ratios and ignition time ratios,
along with the upper and lower limits, are also plotted
as a function of nozzle stagnation pressure in figure 7.
The results indicate good agreement of the ignition time
with the pressure-length scaling law for the higher
pressure conditions (B and F). For the lower pressures
(G and H), however, the pressure ratio is somewhat
larger than the ignition time ratio. This may in part be
due to the fact that the pressures in the large scramjet
measured experimentally were a bit higher than those
determined theoretically, as shown in table 2. Raising
the pressure value for the large scramjet will lower the
pressure ratio bringing it closer to the ignition time
ratio. Figure 8 shows the experimental pressure ratios
and ignition time ratios based on the calculated value of
test gas velocity at the experimental static pressure. As
can be seen, the experimental pressure ratios lie
significantly closer to the ignition time ratios at the
lower pressure conditions (G and H) showing more
strongly the validity of the pressure-length scaling law
for the ignition phenomenon.

Thus it can be concluded that the pressure-
length scaling law does reasonably well at predicting
the ignition times in hydrogen-air systems.

Scaling of the Combustion Pressure Rise

Possibly the most important property which
determines the performance of a scramjet engine is the
final pressure achieved prior to the nozzle expansion
since this determines the thrust achieved from the
engine. Thus this is the property which it is of the most
interest to be able to understand the scaling of. The
final pressures in the scramjet duct was determined by
averaging the pressure level measured by the last few
transducers in the duct. These pressures ratioed to the
air pressure at the point of fuel injection should match
the value in the scaled scramjet at the same scaled
distance if it obeys the pressure-length scaling law. For
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mixing-limited combustion it is expected that the
pressure-length scaling law will effectively predict the
pressure levels achieved in the scaled ducts. For the
reaction-limited combustion cases, however, the
pressure rise is not expected to rigorously hold to this
scaling law since the reaction time was shown to scale
by a power of pressure multiplied by the characteristic
length given theoretically by equation 3. _

Figure 9 shows the scaling of the combustion
run pressure distributions in the large and small
scramjets for test conditions B, C, D, E, F, G and H.
The normalized pressure on the y-axis is the pressure
divided by the experimental air pressure at the point of
fuel injection which should remove any run to run
variations.

By examining conditions B, C, D and E in
order one can see the effect on thc scaled pressure
distributions of increasing the stagnation enthalpy while
the nozzle stagnation pressure is beld constant. The
results indicate that the mixing-limited combustion
cases (conditions C, D and E) show good agreement
with the rate of pressure rise between the two scaled
scramjets. For the reaction-limited case, condition B,
the pressure rise in the large scramjet was more sudden
than in the small scramjet. It is also evident from the
graphs that for conditions B, C and D the normalized
pressure level attained by the end of duct was slightly
larger in the large scramjet that in the small scramjet.
For condition E the normalized pressure level attained
in both scramjet was the same.

The effect on the scaled pressure distributions
of varying the nozzle stagnation pressure while the
stagnation enthalpy is beld constant can by shown by
considering conditions B, F, G and H in figure 9. All
four cases show the sudden pressure rise indicative of
reaction limited combustion. The results also clearly
show that again the pressure rise in the large scramjet is
more sudden. Also evident again is the higher
normalized pressure level achieved in the large scramjet
than in the smaller one. The average value of the
normalized pressure rise in the small scramjet to that in
the large scramjet is 0.82.

One explanation for the difference in the rate
of pressure rises for the reaction-limited cases in the
large and small scramjets has to do with the ignition
chemistry. Three important reactions which govern the
ignition in a hydrogen/air combustion system at the
pressures and temperatures for the nine test conditions
(in the region of the second explosion limit) are given in
equations 7, 8 and 9.

k¢
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Equation 7 is a three body chain breaking reaction
which depletes the system of free radicals. Equations 8
and 9 are two body chain branching reactions which
supply the system with free radicals. As discussed
previously, the reaction rate for a two body reaction is
proportional to the static pressure while the reaction rate
for a three body reaction is proportional to the square of
the static pressure. This means that as the pressure of
the system increases, the frequency of the three body
collisions increases relative to the frequency of the
binary or two body collisions. Thus equation 7 bas a
more dominant role at higher pressures, such as the
conditions in the small scramjet, stifling the production
of the free radicals necessary to initiate the combustion
process. This is one possible explanation for the
differences in the reaction rates between the two
scramjets for the reaction-limited combustion cases.

As mentioned previously, for all conditions
except the highest enthalpy condition the normalized
pressure level attained in the large scramjet was slightly
higher than that in the small scramjet. One possible
explanation for this is that since that pressure rise at the
higher enthalpies was fairly small the accuracy of the
ratio for this condition may be somewhat less than for
the lower enthalpy conditions. This could also partially
be due to the effect of the pressure on the dissociated
species. As was mentioned briefly, an theoretical
analysis on the effect of pressure on the equilibrium
heat release was conducted. The results indicated that
the pressure rise at the higher pressure level (small
scramjet) would be slightly larger than that at the lower
pressure level (large scramjet). This was due to the
effect of the larger static pressure forcing the species
into 2 more molecular form, forcing the dissociated
species into water. The effect of was greatest at the
highest enthalpy condition (E) because at the higher
enthalpies there is a greater amount of free radicals
present which may be affected. This could have aided
in increasing the normalized pressure rise in the small
scramjet relative to the large scramjet.

While considering the small variations in
scaled pressure levels attained in the two scramjets it
should be pointed out that the deviations from the
pressure-length scaling law are relatively minor. It
should therefore be considered a second order effect.
The important point is that the pressure rise does not
scale by the pressure’-length scaling law as was initially
guessed at prior to this study.
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Conclusions

It has been show that the ignition time scales
reasonably well by the pressure-length scaling law as
was expected from study of the chemical reactions
involved in the ignition process and the semi-empirical
model of Pergament'. The pressure rise attained and
the rate of pressure, however, showed second order
deviations from the binary scaling law. The rate of
pressure rise in the large scramjet at the reaction-limited
conditions was found to be more sudden than in the
small scramjet. This may be due to the effect of the

bigher pressure in the small scramjet enbancing the

three body reactions which deplete the supply of free
radicals. The normalized pressure levels attained due to
combustion in the large scramjet were found to be
somewhat higher than in the small scramjet at all but the
highest enthalpy condition (E). The reason that
condition E did not follow the same trend may have to
do with the lower accuracy’s at the highcr enthalpies or
possibly due to the effect of the higher pressure in the
small scramjet forcing the dissociated species into
water.

The above effects, however, are considered
minor to the fact that the pressure-length scaling law
seems to provide, with reasonable accuracy, a relation
for predicting the fundamental phenomena occurring in
a scramjet combustor. Thus, while there are second
order effects, the pressure-length scaling law is effective
as a first order approximation for scaling scramjet
performance.
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TABLE 1 Nozzle Stagnation Pressures and Stagnation Enthalpies for the
Nine Test Conditions
Nozzle Stagnation Pressure Stagnation Enthalpy
Test (MPa) (M/kg)
Condition LS Ss Average LS SS Average
Value Value
A 458 458 458 3.65 353 359
B 3158 375 375 5.68 5.61 5.65
C 40.0 40.0 40.0 7.64 717 7.41
D 339 339 339 8.47 8.06 827
E 36.1 36.1 36.1 10.65 10.75 10.70
F 322 322 322 5.90 548 5.69
G 192 20.8 20.0 536 5.49 543
H 13.1 15.1 14.1 552 5.79 5.66
I - 5.9 5.9 - 537 537
TABLE 2 Air Properties and Equivalence Ratios at Fuel Injection
Test Mach Pressure Temperature Velocity Equivalence Measuared
Condition Number Ratio Pressure
(kPa) x (m/s) (kPa)
LS 4.52 18.6 710. 2420. 133 47.6
A [Tss 456 883 690. 2380. L11 116.
LS 4.42 17.0 1100. 2940. 1.23 16.6
B SS 4.46 78.0 1110. 2910. 133 753
LS 436 18.6 1520. 3380. 1.36 185
¢ SS 4.30 912 1500. 3230. 1.27 85.0
LS 4.38 14.0 1640. © 3540. 126 183
D SS 4.17 82.7 1740. 3380. 1.60 892
LS 426 20.9 2080. 3870. 132 253
E Ss 3.96 99.7 2390. 3760. 133 101.
LS 445 133 1130. 3000. 129 154
F SS 4.47 66.8 1080. 2870. 1.30 73.6
LS 447 78 1010. 2840. 1.59 11.0
¢ Ss 4.47 429 1080. 2870. 131 484
LS 438 6.6 1060. 2860. 123 104
H SS 4.44 31.9 1150. 2940. 116 319
1 SS 4.47 122 1030. 2810. 1.44 12.5
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Figure 5 Pressure Distributions Obtained at Condition B
in the Large Scramjet
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ABSTRACT

The effect of allowing partial premixing of fuel and
air before combustion heat release takes place is
investigated for supersonic combustion of hydrogen
in air. This premixing leads to a sharp, explosive,
pressure rise at combustion. Attention is focussed on
the thrust generated with a simple combustion
chamber-thrust nozzle combination at approximate
pre-combustion temperatures of 1100 K. The
occurrence of the explosive pressure rise in the
combustion chamber depends on a parameter
involving the flow velocity and the pressure, as well
as the length of the combustion chamber. Thrust
production is inhibited when the value of this
parameter is too low to allow the explosive pressure
rise to develop in the combustion chamber.
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1. INTRODUCTION

Because of the difficulty and expense associated with
flight tests, experimental development of scramjets
will be forced to rely on ground facilities for the
foreseeable future. Shock tunnels are part of the
family of ground facilities which are able to achieve
high test section velocities at static pressure levels
suitable for supersonic combustion, and may
therefore be expected to play an important role in
scramjet development.

In a shock tunnel study of hydrogen-air combustion
scaling at a Mach number of 4.4, Pulsonetti®’
considered two constant area ducts of rectangular
cross section which differed in size by a factor of 5,
and investigated the pressure distributions along the
ducts associated with combustion. Two types of
combustion were evident. At pre-combustion
temperatures of 1400 K and above, the pressure
distributions were typical of mixing limited
combustion, exhibiting a nearly constant positive
gradient along the ducts. However, at temperatures of
1100 K, a very different pressure distribution
occurred, with a sharp combustion pressure rise at
some distance downstream of the fuel injection
station. This phenomenon is apparently controlled by
combustion kinetics and, until it is better understood,
it may conveniently be referred to as an explosive
pressure rise.

The present study concemns the influence that this
effect may have on the generation of thrust in a
simple combustor-thrust nozzle combination. As
shown in fig.2, the model was such as to produce
approximately two-dimensional flow, with a constant
area combustion chamber, and one wall deflected to
make a simple thrust nozzle. Choice of such a
configuration was made to simplify interpretation of
the results, rather than to yield high thrust
performance. As Pulsonetti’s work showed that the
location of the explosive pressure rise depended on
the pressure, the experiments were used to explore the
influence of the length and the pressure level of the
combustion chamber on the generation of thrust.

The paper begins with a description of the
experimental apparatus, followed by a discussion of
the features of the explosive pressure rise in the
combustion chamber. Next the flow mechanisms
which lead to thrust production in the nozzle are
considered. The results of the experiments are then
presented, and their implications are discussed before
concluding.



2. EXPERIMENTAL APPARATUS

(a) The Shock Tunnel

The experiments were done in the free piston shock
tunnel T3 at the Australian National University,
Canberra. This is described in some detail in ref 2,
and is shown in fig.1. It employs a shock tube 76 mm
in diameter and 6 m long, and the driver gas is heated
by compression with a free piston in a tube 300 mm
in diameter and 6 m long. A contoured nozzle with a
25 mm diameter throat and a 92 mm exit diameter
was located at the downstream end of the shock tube.
The tunnel was operated in the shock reflection mode,
with the reflected shock rupturing a thin mylar
diaphragm at the throat of the nozzle. This allowed
the shock heated test gas to expand through the
nozzle, and after completion of the nozzle flow
starting process, to establish a steady free jet flow in
the test section.

The nozzle reservoir conditions were obtained by
using measurements of the shock speed and the initial
pressure in the shock tube to give the conditions after
shock reflection, and then assuming isentropic
expansion to the measured value of the pressure near
to the end of the shock tube. Helium and Argon were
used as driver gas and, by mixing these in various
ratios, it was possible to control the decay in the
nozzle reservoir conditions during the test time. The
flow conditions in the test section were calculated by
assuming one-dimensional equilibrium nozzle flow.
Non-equilibrium flow computations indicate that the
assumption of equilibrium is reasonable for the low
area ratio nozzle employed. Calculated conditions at
the nozzle exit are presented in Table 1 for selected
values of the stagnation enthalpy and a reservoir
pressure of 10 MPa.

Table 1 Tunnel Test Section Conditions

Stag. Static Mach Static  Velocity
Enthalpy _pressure  Number Temp (kms™)
MIkg") Reservoir ®)

Pressure
(10%)
2.5 0.94 3.55 690 1.90
4.0 1.02 3.45 1180 2.40
5.5 1.11 3.35 1790 2.75
7.0 1.20 3.20 2270 3.10

Assumed reservoir pressure - 10 MPa

(b) The Model

The model is shown in fig.2(a). It was essentially
two-dimensional, with an internal width throughout
of 50 mm, and consisted of a duct of constant height

25 mm, followed by a thrust nozzle in which the
upper surface was fixed and parallel to the tunnel
axis, while the lower surface was set at a divergence
angle of 15°. The lower surface therefore became the
sole thrust surface, and was instrumented with Pcb
Piezotronic quartz piezoelectric pressure transducers.

The fuel injector strut was located midway between
the upper and lower surfaces of the constant area
channel, and fully spanned its width. A pressure
transducer was located in each of the 50 mm walls of
the duct adjacent to the injector to monitor the
pressure there. Hydrogen was injected through a two
dimensional supersonic nozzle, with a 1.6 mm throat,
which spanned the full width of the blunt trailing
edge of the injection strut. The hydrogen was
supplied from a room temperature reservoir, and the
mass flow rate was determined, from precalibration of
the injector, by monitoring the reservoir pressure.
The leading edge of the strut was a symmetric wedge
of 20° included angle, and was located sufficiently far
upstream of the inlet that the leading edge wave
system did not interfere with the inlet airflow.

The experiments were conducted with two
combustion chamber lengths, as shown schematically
in fig.2(b). For the shorter one, the expansion corner
was located 25 mm downstream of the fuel injection
station. If the combustion zone is regarded as
terminated by the expansion from this comer then,
noting that the leading edge of the fan will intersect
the midplane of the duct approximately 40 mm
downstream of the comer at a Mach number of 3.5,
the effective combustion chamber length, D, is
65mm. It should be noted that, although this is a
somewhat arbitrary estimate, it docs attempt to
approximate the effective length of the combustion
zone. The longer combustion chamber involved a
150 mm insert to lengthen the constant area section,
so that the corner was then 175 mm downstream of
the injection station, and the effective combustion
chamber length became 215 mm.

In order to increase the pre-combustion pressure,
provision was made for compression of the inlet flow
by attaching an intake consisting of two opposing
simple wedges, as shown in fig.2(a). This was
designed to produce a flow pattern with the two
opposing shocks reflecting on the centreline, and
spilling out of a gap ahead of the inlet, thus ensuring
uniform inlet flow. The wedges were enclosed by
side plates, set 50 mm apart and, when they were set
at an angle of 5°, raised the pressure and temperature
by factors of 2.3 and 1.27 respectively, and lowered
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the Mach number and velocity by factors of 0.84 and
0.94 respectively.

(¢) Thrust Measurement

The thrust was obtained by integrating the measured
pressures over the thrust surface, and taking account
of the surface slope to convert the integrals to a
thrust. The data processing arrangement allowed the
thrust to be calculated at intervals of 16 psec during
the test time to produce an effectively continuous
thrust record. This was then normalised by the
reservoir pressure, the period for which the resultant
record was steady was taken as the period of steady
flow, and the thrust was measured during that time.
Typical records are shown in fig.3, obtained both
with a decaying and a nearly steady reservoir
pressure. It can be seen that, in both cases, the
normalised thrust reaches an essentially steady value,
through the approach to a steady value is slower with
the long duct than with the short duct.

At a duct air velocity of 2km ™, the time for the
airflow to pass from the injector to the last pressure
transducer on the thrust surface was 140 psec for the
short duct, and 210 psec for the long duct. Thus, a
normalised thrust steady period of 0.5 milliseconds
represents 3.5 flow transit times for the short
combustion chamber model and 2.3 for the long one.

The fuel supply pressure was constant during each
test, and therefore the fuel equivalence ratio increased
during the tests in which the reservoir pressure
decayed. A constant normalised thrust therefore
implied that increasing the fuel equivalence ratio did
not increase the relative degree of mixing or the heat
release. The slow approach to a steady value
sometimes observed with decaying pressure with the
long duct may be an indication that the increase in
fuel equivalence ratio has a residual effect, as may be
seen for the constant area duct in fig.5(d).

3. COMBUSTION PROCESSES

The combustion reaction of hydrogen with air is
characterised by an ignition phase, during which a
supply of free radicals is produced, followed by a
phase during which heat release takes place. If these
processes take place rapidly with respect to the time
scale for mixing between the hydrogen and air, then
mixing controlled combustion occurs, as shown in
fig.4(b). However if the ignition phase is slow
compared with the mixing time scale, then an unburnt
combustible mixture forms in the mixing wake
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downstream of hydrogen injection. Now, it is well
known that a hydrogen-air mixture, upon completion
of the ignition phase, will react very rapidly (e.g.
ref.3). Therefore the formation of a combustible

. mixture may reasonably be expected to lead, at a

sufficient distance downstream of injection, to an
explosive type heat release, as shown in fig.4(b).

Whereas the mixing controlied combustion shown in
fig.4(a) causes continual heat release as mixing
progresses, with an associated gradual pressure rise
along the duct, the situation in fig.4(b) is different.
Here the mixing takes place without heat release for
some distance, and then heat release occurs in a short
streamwise distance as the mixture burns
energetically. If the heat release is sufficient, the
associated temperature rise causes an increase in the
reaction rates which allows subsequent mixing and
combustion to proceed as a mixing controlied
process. The rapid temperature rise also causes a
correspondingly rapid increase in the displacement
thickness of the wake, and this gives rise to the
oblique shock waves shown in the figure. These are
closely followed by expansion waves as the
streamwise rate of growth of displacement thickness
reduces with the completion of the process of rapid
heat release. These overtake the shock waves, so that
they cease to be in evidence after one or two
reflections at the wall of the duct. Thus the overall
effect of the rapid heat release is to cause a sharp rise
in pressure at the wall, which is seen as an explosive
pressure rise.

This mechanism has been used in offering an
explanation for results obtained in Pulsonetti’s study
@ of scaling of supersonic combustion. Pressure
distributions along two rectangular, constant area,
ducts were measured, one of 100 mm x 47 mm cross
section, and the other 20 mmx 9.4 mm. At pre-
combustion temperatures of 1400 K and above, the
gradual pressure rise along the duct, as in fig.5(a),
which is associated with mixing controlled
combustion was experienced. However, at
temperatures slightly in excess of 1100k, the
explosive rise in pressure seen in figs.5(b) and 5(c)
occurred. This also occurred with the constant area
duct in the present tests, at a temperature of 1200 K,
as shown in fig.5(d).

It might be noted that the approach of the flow to a
steady state in pulse combustors of this nature has
been treated numerically in refs.4 & 5. The analysis
done there indicates that the pressure distributions in
fig.5 represent a steady state and, in the case of



fig.5(b) and 5(c), this was confirmed by observing the
time dependence of the pressure distributions. In the
case of fig.5(d), the pressure distributions are
presented, for an equivalence ratio of 0.6, over a time
period of 192 psec. This represents 1.3 times the time
take for the mainstream flow to pass from the injector
to the last downstream pressure orifice, and 5.3 times
the time to the point where the explosive pressure rise
peaks. The pressure distributions exhibit only minor
variations over this period, confirming that they
represent steady flow.

The streamwise distance from injection to the point at
which the explosive pressure rise ceases is denoted as

x,, and the parameter p;x./U; is plotted against the
pre-combustion pressure, p; in fig.6. Here U;is the
pre-combustion air velocity and p; is calculated as
0.75 P, where F, is the measured wall pressure

adjacent to the injector strut, and the factor of 0.75
accounts for isentropic expansion of the airflow to the
full duct area. Experiments are also reported in ref.1
in which the pre-combustion pressure was varied,
while the pre-combustion temperature was
maintained within the range 1060 K to 1140 K, and
the results of these are incorporated in the figure. It
can be seen that p;x_/U; is fairly insensitive to the

pressure level, varying only by a factor of 2.6 as p;
varies by a factor of 30. A tentative explanation for
the variation, based on the possible effect of three
body reactions is offered in ref.1 but, for the present
purpose, it is sufficient to regard fig.6 simply as
affording an empirical basis for locating the position
of the pressure rise.

It will be observed that the explosive pressure rise in
fig.5(d) is considerably less, as a proportion of the
pre-combustion pressure, than that in figs.5() or
5(c). This is consistent with the flow model set forth
above. The magnitude of the pressure rise will
depend on the ratio of the duct height to the increase
in displacement thickness due to rapid heat release,
and the increase in displacement thickness will
depend on the amount of fuel which has mixed with
air to form a combustible mixture. Now, the growth
of a wake in incompressible flow is independent of
the pressure“), and if it assumed that the same applies
to a compressible wake with mixing, then the increase
in the fraction of fuel-air mixture along the wake will
also be independent of the pressure. The correlation
of fig.6 then implies that, with a given wake in a
given duct, increasing the pressure reduces the
distance over which the combustible mixture forms,

and therefore, by reducing the proportion of
combustible mixture at rapid heat release, also
reduces the explosive pressure rise. The scaling rule
of ref.l. indicates that the duct of fig.5(d) will
experience the same explosive pressure rise as seen in
figs.5(b) and 5(c) if By =~ 35kPa. Thus the high

value of P, noted on the figure leads to a smaller
proportional pressure rise than figs.5(b) and 5(c).

It might be noted, as a corollary of this, that further
increases of pressure in the same duct would, by
leading to even small explosive pressure rises, tend to
produce pressure distributions typical of mixing
controlled combustion, as in the downstream part of
fig.5(d).

It can be seen in fig.5(d) that increasing the amount of
fuel injected does not change the magnitude of the
explosive pressure rise, indicating that it does not
affect the amount of fuel mixed, at least until the
rapid heat release has taken place. It also does not
change the location of the explosive pressure rise, and
observation which is consistent with a dependence on
the kinetics of the combustion process.

4. THE THRUST NOZZLE

The thrust delivered by the combustion chamber-
thrust nozzle combination depends not only on the
combustion process, but also on the flow in the thrust
nozzle. Considering first the case where a uniform
flow issues from the combustion chamber then, by
assuming isentropic flow of a calorically perfect gas,
the flow patterns shown in fig.7(a) are obtained.
With a pre-combustion Mach number of 3.5, the
nozzle entrance Mach number of 3 and ratio of
specific heats, y, of 1.4 of fig.7(a)(i) would be an
example of small heat addition, with a pressure rise in
the combustion chamber of only 33% of the pre-
combustion pressure. The Mach number of 2.0 and
v = 1.2 of fig.7(a)(ii) would correspond to substantial
heat addition, with a pressure rise of 175% and a
nozzle flow of hot combustion products. Mach lines
in the two flows are shown, tracing the waves
generated by the 15° expansion comer. It can be seen
that at a Mach number of 3, the reflected wave
intersects the thrust surface just upstream of the
trailing edge, and therefore does not significantly
influence the thrust. At a Mach number of 2, the
reflected waves will have more influence.

It is possible to compare the thrust generated by this
nozzle with that which would be generated if the
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surface were to be contoured to cancel the reflected
waves, and produce a uniform flow at the nozzle exit.
As shown schematically in fig.7(b), this produces a
conventional supersonic nozzle and the thrust
therefore can be obtained from one dimensional
theory . For the same nozzle area ratio, the thrust is
70% of that for the contoured nozzle for the case of
fig.7(a)(i), and 106% for the case of fig.7(a)(ii). This
indicates that, for uniform flow from the combustor,
the thrust in this study is approximately determined
by the nozzle area ratio.

When the combustion chamber is too short to produce
a uniform flow, then the fuel and the heat release tend
to be concentrated in the wake close to the injection
strut, as shown in fig.7(c). The combustion induced
increment of thrust is then produced by two types of
waves® impinging on the thrust surface. The first is
the compression waves which arise from the
combustion induced increase of the wake
displacement thickness, and the second is the waves
which arise from the interaction of the wake with the
expansion fan. These expansion interaction waves
are generated when the expansion fan crosses the
wake, and again when the reflected expansion crosses
the wake. However, in the experiments, the wave
resulting from the second crossing passes
downstream of the trailing edge of the thrust surface,
and so the thrust from this wave is not recovered.

5.  RESULTS AND DISCUSSION

Results of thrust measurement with the short
combustion duct are shown in fig.8. The flow
representative of these measurements is shown in
fig.7(c). It was intended that the expansion corner
would be sufficiently close to the fuel injection
station to ensure that all compression waves
generated by the combustion wake would impinge on
the thrust surface, but the lower Mach number
achieved with the 5° wedges was such that this was
not quite realised.

Tests were conducted both with and without
introduction of the hydrogen fuel. The thrust
obtained with no fuel flow was subtracted from the
thrust with fuel on, and the result was divided by the
hydrogen mass flow and the acceleration due to
gravity to yield the increment of specific impulse due
to introduction of the fuel.

The variation of this incremental specific impulse

with pre-combustion temperature is shown in fig.8(a)
for three values of the pre-combustion pressure. The
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results at 2.8 atm and 0.6 atm. were obtained with the
intake wedges in place. The fuel equivalence ratio
varied from 0.7 to 1.1 in these tests, and advantage
was taken of the decaying reservoir pressure and the
constancy of normalised thrust, outlined in section
2(c), to obtain a value for an equivalence ratio of
unity. This value is plotted in the figure. The
incremental specific impulse shows no significant
effect as p; is reduced from 2.8 atm to 1.1 atm, but
with further reduction to 0.6 atm, it is seen to fall off
dramatically. At this pre-combustion pressure the
normalised thrust remained steady only for periods of
200 to 300 psec. Note that the short length of the
combustion zone implies limited mixing of hydrogen
with air, and therefore only modest values of the
incremental specific impulse are obtained.

Thrust surface pressure distributions corresponding to
each of the three pre-combustion pressures are shown
in fig.8(b). At p; =2.8 atm, the correlation for the
location of the explosive pressure peak represented by
the cross hatching in fig.6 indicates that the peak of
the pressure rise will occur at x, = 40 mm from the

injector, and the pressure rise therefore will be
reduced in strength below that evident in fig.5(d), but
the associated compression wave will be incident on
the thrust surface. This is consistent with the pressure
distribution which shows a sharp, though relatively
weak pressure rise with a location, at the peak of the
distribution, which is approximately correct. At
p; = 1.1latm, x, =90mm, and it will be expected

that the Prandtl-Meyer expansion from the comer will
cause the peak of the explosive pressure rise to be
suppressed. However, the rising pressure which
precedes the peak will still occur, and the observed
pressure distribution is consistent with that” At
pi =0.6 atm, x_ = 150mm, and only a little of the
pressure rise preceding the peak will occur before
combustion is terminated by the falling pressure of
the expansion. Thus the pressure on the thrust surface
is reduced, and so is the thrust. It may be noted that
in this case two pressure distributions are shown,
100 psec apart. These demonstrate that, although the
flow is unsteady at this condition, the main features
of the pressure distribution do not change.

The incremental specific impulse associated with the
long combustion duct is plotted in fig.9(a), again for
three values of the pre-combustion pressure. The fuel
equivalence ratio varied from 0.6 to 1.2 in these tests
and, as before, the specific impulse appropriate to an
equivalence ratio of unity is plotted. In this case, the



intake wedges were used only at the highest of the
three pressures. It can be seen that incremental
specific impulse values approximately twice those
with the short duct were obtained. As before,
reducing p; from 2.5 atm to 1.0 atm has no significant
effect, whereas further reduction to 0.5 atm causes the
specific impulse to be substantially reduced.

Pressure distributions on the thrust surface are shown
in fig9(). Two pressure transducers were also
located in the constant area section, respectively
102 mm and 171 mm downstream of the injection
station, and the pressures recorded there are also
displayed. With p; =2.5atm, fig.6 indicates that
x, = 50 mm, and so the flow in the combustion duct

will essentially be mixing limited following a small
explosive pressure rise. The thrust surface pressure
distribution therefore does not exhibit the rapid rise
to a peak which is evident in fig..8(b), but is
qualitatively consistent with a Prandtl-Mayer
expansion from the measured pressure upstream of
the comer, together with the addition of the
expansion wake interaction. At p; =1.0atm,
x, =105mm, indicating that the peak of the
explosive pressure rise should occur close to the
upstream transducer in the combustion duct. As
shown, the pressure there oscillates between the
values plotted, which is consistent with a local region
of steep pressure gradient shifting slightly due to
small fluctuations in the flow. The pressure
distribution on the thrust surface is very similar to
that at the higher pressure, indicating that although
the location and magnitude of the explosive pressure
rise is different in the two cases, no effective
difference exists in the overall degree of mixing and
combustion.

At p, =0.5 atm, x_ =180mm, and the compression
waves giving rise to the pressure peak originate just
upstream of the expansion comer. Evidence of these
waves, one directly incident on the thrust surface and
the other reflected from the upper surface of the duct,
can be seen in the pressure distribution at 770 psec.
However, this pressure distribution is very sensitive
to the reservoir pressure, as may be seen by plotting a
pressure distribution 100 psec later, when the
reservoir pressure has decayed by only 5%. It can be
seen that evidence of the compression wave directly
incident on the surface has disappeared. = The
persistence of the reflected one is consistent with the
downstream displacement of the corner expansion on

the upper side of the wake allowing the compression
wave to form there.

The effect of increasing the combustor length at
p; =10atm is seen in fig.9(a) in the results at
M; =44 . These were performed in the free piston
shock tunnel T4, at The University of Queensland,
with a thrust divergence angle of 11°. The same
combustor configuration was used, but the distance
between the injection station and the expansion
comer was 490 mm. Fig. 6 indicates that the
explosive pressure peak occurs at X, = 140 mm, and
therefore there is adequate provision for further
mixing and combustion after the peak. It can be seen
in the figure that a significant increase in the
incremental specific impulse is recorded at

T, =1100K .

The results indicate that, at the temperature of
interest, the generation of thrust depends on the value
of the parameter, p; D/U;, achieved in the
combustor. If this value is sufficient, an explosive
pressure rise occurs. The strength and location of the
explosive pressure rise has little effect on the thrust
produced, indicating that mixing of the fuel and air
may occur before or after the pressure peak without
significantly affecting the heat release. However, if
the value of p; D/U; is too small, and the heat
release associated with the explosive pressure rise
does not occur, the thrust falls.

A comment should be made on the effect of
combustor skin friction on the thrust. Regarding the
combustor as extending from the injection station to
the comer expansion, the friction force may be

written
_ 2C
f=sDpU %

where s is the perimeter length of the combustor cross
section, p is the density, U the velocity and Cr the
mean skin friction coefficient. Putting p = p/RT,
this becomes

f=(U*/2RT)Cr. pD
Since the combustor wall is highly cooled, a value of
2.5 x 10® might be taken for CFG). Then, at a
velocity of 2.3 km s' and a temperature of 1100 K,
this yields

[ =32x10" pD Newtons
Thus, to minimise the friction force, the value of pD
must be minimised. But the value of pD should be
sufficient to allow the explosive pressure peak to
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occur in the combustion chamber, and this implies
that there is a lower limit for the skin friction force.
For example at p; = 1.0 atm, a minimum combustion

chamber length of, say, 150 mm is necessary to
realise the specific impulse values shown in fig.9(a),
and this leads to a friction force of 48 N. With
hydrogen fuel, at an equivalence ratio of unity, this
yields a loss in specific impulse of 185 sec, or 10% of
the peak value of 1250 sec shown in fig.9(a). This is
a significant loss and, moreover, one which will
increase with the velocity. However it should be
remarked that the combustion chambers used here are
very small, and the skin friction loss in specific
impulse will reduce as the linear dimensions of the
combustion chamber are increased.

6. CONCLUSION

The sharply rising pressure, here called an explosive
pressure rise, which appeared in Pulsonetti’s work at
pre-combustion temperatures around 1100 K, also
appeared in the present work at about the same
temperature. However, because of the higher
pressure levels involved and the dimensions of the
combustion chamber, the magnitude of the pressure
rise was reduced. Nevertheless, its effect could be
observed in measurements of the thrust produced by a
simple nozzle. In particular, the thrust was seen to
fall off when the combination of pressure and length
of the combustion chamber was insufficient to realise
the pressure rise.

The experiments indicated that, when the explosive
pressure rise did occur in the combustion duct, its
strength and location had little effect on the thrust
produced, indicating that mixing of the fuel and air
may occur before or after the pressure peak without
significantly affecting the heat release. However, it
should be remembered that only a moderate explosive
pressure rise was experieniced in these tests, and the
situation may be different with a larger explosive
pressure rise.

It is worth noting that a thrust nozzle with an area
ratio of approximately 4 was used in the experiments.
One dimensional theory indicates that this fails to
fully realise the thrust potential of the combustion
chamber flow. For example, an area ratio of 10 may
be expected to increase the thrust by approximately
40%, which would increase the maximum value of
incremental specific impulse for the long combustion
duct of P, = 1.0 atm to 1800 sec.
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The need to study this effect is given a particular
urgency by the fact that it occurs at temperatures
where the incremental specific impulse peaks. There
are many features yet to be established.  The
mechanisms which cause the effect, though probably
originating in the chemical kinetics of combustion,
are not understood. The range of temperature over
which it is the preferred mode of combustion needs to
be determined, together with the effect of the mixing
layer structure. It would be interesting to see if the
larger pressure rise recorded in Pulsonetti’s work
would lead to a larger incremental specific impulse,
and whether some degree of pre-mixing of fuel and
air upstream of the combustor would have the same
effect. The relationship, if any, between this effect
and a detonation wave needs to be explored. These,
and other aspects of the effect need to be understood
before it can be successfully incorporated into
scramjet design.
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EXPERIMENTS ON CRUISE PROPULSION

WITH A HYDROGEN SCRAMJET

R J Stalker and A Paull

Department of Mechauical Engineering, The University of Queensland

ABSTRACT

Measurements of drag have been made, in a shock tunnel, on a simple integrated
vehicle-engine combination for hypersonic cruise with hydrogen scramjet propulsion.
The test flow Mach number was 6.4, and the velocity was 2.45kms’. Zero drag, which
is the necessary condition for cruise, was achieved as the equivalence ratio approached
one. It was found that an analysis using established aerodynamic concepts was adequate
for predicting drag in the case of no combustion. When combustion occurred results of
direct connect experiments provided a qualitative guide to the measured levels of drag,
and indicated that thrust nozzle combustion was taking place. An heuristic analysis is

used to point to the important effect this may have on propulsive lift.
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NOMENCLATURE

A cross section area
Aoo capture area of intake
Co

drag coefficient D, 2
(CRGEN

D drag

G number‘ of model flow passes

H, stagnation enthalpy

L specific impulse

Al, fuel on increment of specific impulse
L lift

M Mach number

P pressure

P nozzle reservoir pressure

U velocity

T temperature

Y ratio of specific heats (assumed = 1.35)
o density

Subscripts:

oo freestream

f combustor entrance

1 pre-combustion
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1. INTRODUCTION

The supersonic combustion ramjet, or “scramjet”, is theoretically capable of providing

propulsion at high hypersonic speeds (12) " and this type of engine has been the subject of

considerable research ®¥. It is seen as being possible use for boost propulsion
(essentially, propulsion of an air breathing satellite launcher) or for cruise at hypersonic
speeds. The propulsion requirements for the cruise application are less demanding than
for boost in that it is only necessary to provide sufficient thrust to balance the drag,

whereas for boost the thrust must not only overcome drag but also accelerate the

vehicle.

Hydrogen is the preferred fuel for both these applications @ pecause, in addition to the
release of large amounts of chemical energy per unit mass when it burns with air, its
cooling capacity in the liquid form is greater than any known fuel, and its reaction

kinetics are relatively rapid, thus minimising the length of the combustion chamber.

The difficulty and expense of hypersonic flight is such as to strongly encourage
preliminary research in ground facilities, particularly with subscale models of engines,
and of integrated vehicle-engine combinations. Heated blowdown facilities have
generally been favoured for scramjet research, and these have been widely used for
experimentation on hydrogen fuelled engines 69 However, the requirement that the
static pressure, the stagnation enthalpy and the model scale should all be sufficient to
ensure vigorous combustion of hydrogen in air has effectively precluded experiments
with vehicle-engine combinations. This is unfortunate, as the engine and the vehicle

configurations must be closely integrated for scramjet propulsion.
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This paper reports on investigation of a model configuration representative of integrated
vehicle-engine combinations for hypersonic cruise. The experiments were performed in
a shock tunnel facility which, by producing higher stagnation enthalpies at hypersonic
speeds than a blowdown facility, more readily allows vigorous combustion to take
place. Previous experiments ® have bcené‘o;‘:\'vith an axisymmetric configuration and
a mixture of hydrogen and silane as the fuel. The silane acted as an ignition promoter,
thereby avoiding the difficulties involved in achieving vigorous combustion of
hydrogen alone. The present experiments were done with hydrogen alone as the fuel,
and involve a model configuration which is potentially able to generate lift. Therefore

they represent an early step in experimental study of hypersonic cruise propulsion by

hydrogen scramjets.

The paper begins with a description of the model, and goes on to consider analysis of
the flow path through the model, both without and with combustion. Then the
experiments are described and the results presented, to be followed by a discussion of

their implications before concluding.

2. MODEL CONFIGURATION

The model configuration chosen to represent a cruise vehicle is shown infig 1. Itis
designed for ease of manufacture and to be amenable to approximate analysis.

Attention is also given to high speed performance aspects of a hypersonic cruise vehicle.
Thus all of the external surfaces are parallel to the incident stream direction to ensure
that they do not generate inviscid drag. This also implies that the intake capture area is
equal to the vehicle frontal area, thus maximising the mass flow of combustion air. The

skin friction and heat transfer to the combustion chamber walls are higher than any other
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part of the vehicle surface, so the drag and heat load from this source is minimised by
minimising the combustion chamber perimeter. With a fixed combustor shape, this

leads to a single combustion chamber, rather than multiple ones.

Fuel injection takes place via a circular duct, drilled at an angle of 30° to the freestream
direction, which exits into the flow through a surface orifice immediately upstream of
the combustion chamber entrance. The downstream length of the cowl is sufficient to
ensure that the thrust nozzle is not affected by the expansion waves from the cowl

trailing edge.

The volume of a vehicle should be sufficient to contain the payload, all the ancillary

equipment, and the fuel. The suitability of a configuration from this point of view is

determined by the volume coefficient T = Vol 515 where S is the planform area. The

value of T for the configuration of fig 1 is 0.09 which, by falling in the range 0.06 to

0.10, may be regarded as suitable for a hydrogen fuelled vehicle ®)

The lifting configuration shown in fig 1 could not be tested in the shock tunnel, as the
present state of development of the force balance used is such that it can only operate
with axial loads. Therefore the experiments were conducted with the test model shown
in fig 2. Essentially, this consisted of two of the cruise models shown in fig 1, joined
along the plane AA!. The symmetry of the resulting model eliminated lateral loads,

thereby allowing measurement of the propulsive effect of the hydrogen scramjets.
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3. THE FLOW PATH - FUEL OFF

When the scramjets are operating, the air captured by the intake and passed through the
engines is compressed, heated by combustion, and then expanded to produce a
propulsive effect. Initially, the flow path through one scramjet is considered in the

absence of combustion.

The air is compressed in the intake by a system of shock waves formed by the intake
ramp and the compression corners between the two dimensional intake ramp and the
swept sidewalls. The resulting shock pattern is similar in form to that described by
Anderson and Nangia (19 and is shown in fig 3. The primary shocks originate at the
leading edge of the intake ramp and the swept leading edge of the sidewall, and form
triple points where they meet the secondary shocks from the sidewall and from the
intake ramp. The triple points are joined by a further primary shock, as shown. The
secondary shocks propagate into the uniform flow following the primary shocks, and are
of a strength appropriate to plane waves with the flow deflection angles of the sidewall
and the intake ramp. The secondary shocks from the sidewalls meet and reflect at the
intake centre line, at approximately the same distance from the ramp leading edge as the

secondary shocks from the ramp reflects from the cowl.

As the flow passes downstream, it also experiences shock waves originating at the cowl
leading edge. This leading edge is swept, with the intention that it may permit operation
of the intake in a partially choked condition. It is noted that sweepback weakens the
leading edge shock, and the combination of this with the expansion which follows
closely downsteam of the shock allows the effect of the shock to be neglected in

analysing the intake flow.
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The minimum cross sectional area occurs at the entrance to the combustion chamber.
The sidewalls of the combustion chamber diverge slightly, so that the increase in area
may help to alleviate flow choking at the combustion chamber entrance. At a station 60
mm downsteam of the combustion chamber entrance, the surface is deflected by 9° to
form a thrust nozzle.

1
In the absence of combustion, the air may be taken to be calon'calty perfect, with a value
of ¥ =1.35. The main features of the flow in the intake can then be analysed by taking
into account the primary and secondary shocks, as well as their reflection. This leads to
an array of shocks at the entrance to the combustion chamber, with additional
complication added by the generation of expansion waves there. Rather than attempting

detailed analysis of the flow which follows, it is convenient to assume one dimensional
flow in the combustion chamber. The Mach number, M 1o and pressure Pf , at the

combustion chamber entrance can then be obtained from the relations for adiabatic flow

r
ina st'gamtube, ie

G+ /g -
4 M, |1+ MiG 1) 4 Ze
Ao My|1eM2G-1) 4

exp (ASA{) 1.

and

%
M| 1+ Mi(v—l)é
r M; 1+M;(y—1)é

v v
where Aoo is the cross sectional area in the freesteam of the stgamtube captured by the

Lia
P,
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intake, A . is the cross sectional area of the combustion chamber entrance, AS is the
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M
entropy rise across the intake shocks, and R is the gas constant. From %4 and
[« o)
P U p
}% > T% s % and V can also be obtained.
=0} ® o0 P o0

The assumption of one dimensional flow then allows calculation of the flow throughout
the combustor, until it reaches the expansion corner. There the air passes through a
Prandtl-Meyer expansion and subsequently flows over the surface of the thrust nozzle
with a spanwise divergence angle which allows the flow boundaries to match the

diverging sidewalls.

By following the flow path outlined, an inﬁscid drag can be calculated. For the
conditions of table 1 below, this calculated inviscid drag coefficient for the model,

based on the frontal area, is 0.097.

There is also a substantial skin friction drag to be accounted for. Calculation of the skin
friction follows closely the method outlined in ref 8. In regions of laminar boundary
layer flow, local values of the skin friction coefficient are given by using the reference
enthalpy method (D previous experiments in the shock tunnel #? have indicated that
boundary layer transition occurs a;:Reynolds’ number, based on distance from the
leading edge, of approximately 2x10¢, and when this was applied to the model it was
found that only the boundary layer on the external surfaces, and on the intake up to the

secondary shocks, could be regarded as laminar. Noting that the pressure rise across the
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secondary shocks would tend to induce early transition, it is clear that all of the flow
downstream of the secondary shocks, apart from a small region near the leading edge,
will be turbulent. This includes the boundary layers in the combustion chamber and the

thrust nozzle.

The theory of Spalding and Chi ® was used to calculate the turbulent boundary layer
skin friction. The boundary layer on the intake surfaces downsteam of the secondary
shocks was assumed to be all turbulent, with a Reynolds’ number corresponding to a
streamwise distance of 40 mm from the shock wave. The Reynolds’ number at the
entrance to the combustion chamber was taken to be the mean value around the cross
sectional perimeter, and the boundary layer downstream of that station was assumed to
develop uniformly on all surfaces. The boundary layer was assumed to pass through the
Prandtl-Meyer expansion at the thrust surface corner without a change in the local skin
friction coefficient. With these assumptions, the turbulent skin friction drag could be
calculated, and when this was added to the skin friction drag of the laminar regions of
flow, a contribution of 0.086 to the drag coefficient of the test model was obtained.
Thus the ratio of viscous drag to inviscid drag was 0.89, reaffirming the importance of

viscous effects at hypersonic flight speeds.

The calculated value of the total drag coefficient was 0.183, and this is consistent with
the measurements reported below. For the cruise model, the skin friction drag on the
planiAAl should be added, and this would increase the drag coefficient by 7%. The

calculated value of the lift to drag ratio for that model then would be 1.7.
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4. THE FLOW PATH - FUEL ON

Consideration of the flow path with combustion begins by noting that, as shown in fig 1,
the fuel is injected at an angle of 30° to the freestream direction immediately upstream
of the combustion chamber entrance, and therefore the flow in the intake may be
assumed to be unaffected by fuel addition. However, as the flow passes downstream of
the point of injection, mixing of the hydrogen and air takes place and, for appropriate

flow conditions, vigorous combustion ensues.

The appropriate conditions for combustion can be determined approximately by using
the results of an experimental investigation 3) of the simple configuration shown
schematically in fig 4(a). The combustion chamber was a constant area rectangular
duct, 25 mm high and 50 mm wide. A strut spanned the midplane of the duct, and
hydrogen fuel was injected from the trailing edge of the duct. At 172;;)wnslream of the
point of injection, one surface of the duct was deflected 15° to form a thrust nozzle, and
this was instrumented for pressure measurement. Two transducers were located in the
combustion duct to monitor the combustion pressure, and a further transducer adjacent
to the injector monitored the airflow entering the duct from an M=3.6 shock tunnel

nozzle. Further details can be found in ref 13. Some previously unreported results from

these experiments are used for the present purpose.‘

Thus, these were direct connect experiments, and were such that an essentially two
dimensional flow was produced. Pressure distributions obtained for fuel on and fuel off
conditions are shown in fig 4(b) for a range of pre-combustion temperatures, 7;. When

these pressures are integrated over the thrust surface, and account is taken of the thrust

* The assistance of R G Morgan with these experiments is greatly appreciated.
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surface angle, a thrust can be obtained. Then, taking the difference between the fuel on

thrust and the fuel off thrust, and combining the result with the measured fuel mass

flow, the incremental specific impulse can be obtained. It can be seen that, starting from
'\‘\?o.\;&

zero at T;=680 K, the incremental specific rises somewhat at 790 K and reaches its

maximum measured value at 950 K. Thus the onset of substantial thrust generation

occurs at pre-combustion temperatures between 790 K and 950 K.

It is interesting to observe that the pressure in the combustion chamber rises more
slowly than the incremental specific impulse, signifying that at least some of the

combustion and heat release must take place in the thrust nozzle as the temperature is

increased.

In the range of temperatures of interest, the combustion chamber flows are reaction
limited, rather than mixing limited (13) A correlation of such reaction limited results in
combustion chambers geometrically similar to that used in these experiments has been
presented in ref 13. Ata given temperature, it was found that the combustion pressure
rise took place at a streamwise distance from injection which varied approximately
inversely as the pre-combustion pressure. Referring to fig 4(b), the pre-combustion
pressure was 40 kPa, and as indicated below, the average pressure in the model
combustion chamber was 100 kPa. Therefore the estimated distance required for the
combustion pressure rise to take place in the model was approximately 70 mm, or the

approximate length of the combustion chamber.
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It may be noted the fuel injection on the model takes place through a single wall orifice,
rather than through a strut spanning the duct, and the combustion chamber flow
therefore is not two dimensional. However, experiments have been reported M in
which the two types of injection were compared under conditions such that the flow was
mixing limited, and were found to yield approximately the same combustion pressure
rise along the duct. This indicates that mixing is not markedly influenced by the type of
injection, and strongly suggests that reaction limited flows will be similarly unaffected.
Thus the results of fig 4 may be applied to provide an indication of model pre-
combustion temperatures and pressures appropriate to vigorous combustion, and the

generation of thrust.

5. EXPERIMENT

(a) The Shock Tunnel

The experiments were performed in the free piston shock tunnel T4 at The University of
Queensland. Briefly, this consisted of a compression tube, 27 m long and 228 mm in
diameter, in which the temperature and pressure of the driver gas was raised by a free
piston compression immediately prior to rupture of the diaphragm at the entrance to the
shock tube. The driver gas was a mixer of helium and argon. The shock tube was 10m
long and 76 mm in diameter and, for these experiments, supplied shock heated air to a
contoured hypersonic nozzle which expanded from a throat diameter of 25 mm to 263
mm at the test section. Measurements indicated that the Pitot pressure was uniform, to
within +7%, over a test core at least 150 mm in diameter and that, over the range of
stagnation enthalpies of interest here, at least three milliseconds of test time elapsed

before driver gas appeared in the test section. Further details may be found in ref 8.
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(b) The Stress Wave Force Balance

A stress wave force balance was used to measure the axial force on the model. This is
described in ref 7, and more fully in ref 8. Briefly, it is a technique which is made
necessary because stress waves propagate with a velocity which is of the same order as
the flow speed, and therefore the multiple stress wave reflections necessary to bring the
model into stress equilibrium do not have time to take place during the short test times
available in the shock tunnel. Therefore a quasi-static measurement of axial force, such
as that obtained with a conventional strain gauge force balance, is fundamentally
impossible. However, if strain gauges are placed on the sting supporting the model, and
the time history of stress waves passing into the sting is recorded, then this recording
can be deconvoluted to yield the force on the model. If the model is as complex as in

the present tests, the deconvolution must be accomplished by use of a computer.

The same stress wave force balance and fuel supply assembly was used for the present
measurements as in refs 7 and 8. The hydrogen fuel tank, together with a quick acting
valve, was incorporated in the model assembly, with an aerodynamic shroud
surrounding all but the model itself. The hydrogen reservoir was at room temperature
and the fuel supply pressure was monitored by a pressure transducer located in the fuel

supply duct just before the hydrogen entered the model itself.

* The authors wish to express their appreciation of the part played by D J Mee in performing these

measurements. 5 ’)



(c) Choking
) ;! . e
The intake area ratio, % , was 5.22 in the absence of fuel injection, and the
f

effective intake area ratio became 5.58 when an allowance was made for injection of
unmixed fuel at an equivalence ratio of unity. It was found that, although satisfactory
flow through the model was established for fuel off test conditions, the injection of fuel
at equivalence ratios approaching one before the test flow began caused a violent
choking phenomenon to occur, the drag rising by a factor of two or more. This is shown
in fig 5. A pitot pressure monitor, which was mounted in the test section to one side of
the model, also registered values well in excess of those normally prevailing in the
freestream, indicating a major freest:c;,am disturbance. A time integrated luminosity
photograph of the model in plan view, taken during such a choked test, is shown in fig
5(a), and displays the intense luminosity in the intake which was associated with this
condition. By contrast, the fuel off photograph of fig 5(b) shows only faint luminosity
in the intake. In the latter case, the pitot pressure monitor recorded normal freestream

values.

The chofjking condition was avoided by delaying injection so that the fuel pressure, and
therefore the equivalence ratio, increased during a test. Unfortunately, this meant that
the fuel mass flow varied during a test, but as this variation was less than 5% during the
time taken for the flow to pass one model length, it was possible to regard instantaneous
measurements of the fuel mass flow during the test time as quasi-steady values. During
such tests, luminosity photographs showed the same faint intake luminosity as fig 5(b),

indicating that the model flow was free of choking.
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It is clear that the intake was very susceptible to choking, and that its performance could
probably be improved by better design. However, it was adequate for the purpose of

these experiments.

(d) Test Conditions

The shock tunnel was operated to produce a nozzle reservoir pressure of 38 £2.5 MPa
throughout the tests. An initial test series was done in which the stagnation enthalpy
was varied from 3.0 MJ kg'1 to 4.6 MJ kg'l and the results are shown in fig 6 as a drag
coefficient. The combustor entrance temperature, calculated through equations (1) and
(2), foran inlet area ratio of 5.58 is also shown on the figure. It should be noted that

only an approximate mean temperature over the combustion chamber cross section is

calculated in this manner.

There may be local zones of higher or lower temperature due to the persistence of shock
or expansion waves in the combustion chamber. For example, the fuel was injected a
few millimetres downstream of the point at which the secondary shocks from the intake
sidewalls meet and reflect, so the fuel was injected into a region with a temperature 15%
higher than the calculated value at the combustion chamber entrance. This may have the
effect of initially accelerating the combustion reactions, but it is anticipated that this
acceleration will persist for only a short flow distance before expansions in the flow will
tend to retard the reactions. Thus the mean temperature is the most useful for

characterising the combustion process. The results in fig 6 show a minimum in the fuel
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on drag at 3.5 MJ kg™, and so this condition was chosen for further investigation. The
associated test conditions are presented in table 1. Conditions in the test section were
calculated using a one dimensional non-equilibrium computer program for expansion of

air in a hypersonic nozzle, and were partially checked by pitot pressure measurements.

Table 1. Maximum Thrust Conditions

Stagnation enthalpy 3.5+0.1MJ kg’1
Nozzle Reservoir Pressure 37 +2.5 MPa
Test section: Velocity 2450 ms’', Temperature 390 K

Density 0.095 kg m™, Pressure 10.1 kPa

Mach number 6.4
Combustion Chamber: With fuel injection at ¢=1 and no combustion

Entrance: Pressure 130 kPa Exit; Pressure 74 kPa
Temperature 830 K Temperature 720 K

Mach number 4.0 Mach number 4.4

(Exit at thrust nozzle expansion corner)

6. RESULTS AND DISCUSSION
Drag records obtained as the equivalence ratio was varied are shown in fig 7(a). The
reduction in drag as the equivalence ratio increases is evident. Drag results are plotted

in fig 8, and are also plotted with a correction for the drag of the sting mount included.
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The sting mount is shown in fig 7(b), together with the properties of the flow
approaching the mount, estimated by the methods of section 3. The inviscid drag on the
mount was calculated by assuming newtonian pressure on the 10° bevel and, when this
was added to the viscous drag, an effective sting drag of 14 N was produced. Assuming
that the combustion of fuel affects the pressures on the thrust surface, without
substantially influencing the density or velocity there, this value of sting drag was

applied as a correction to both fuel off and fuel on results.

It can be seen in fig 8 that the fuel off drag is close to the value predicted theoretically in
sect 3, establishing confidence in the approximate analysis used for these predictions.
When fuel is added, the drag is reduced and, taking the drag of the sting into account,
zero drag is produced as ¢ approaches unity. This is the necessary condition for cruise.
Referring to the combustion chamber temperatures in table 1, it can be seen that the
cruise condition was achieved in the range of temperatures for which the incremental
specific impulse increased with temperature in the experiments of fig 4. Taking the
difference between the fuel off thrust and the fuel on thrust at the cruise condition,
consideration of the measured mass flow of hydrogen then yielded a specific impulse
increment of 835 sec. This includes a contribution of 100 sec due to the thrust
generated as a reaction to the injection of hydrogen of sonic speed. Italso includes any
changes to the skin friction due to combustion, but since these are difficult to calculate,
and are expected to alter the drag by less than 10%, they are ignored. It will be noted
that an incremental specific impulse value of 735 sec would be associated with thrust
nozzle combustion in fig 4, suggesting that the same phenomenon may have occurred in

the present experiments.
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It is interesting to speculate on the possible effect of thrust nozzle combustion on the
lift. In the absence of thrust nozzle combustion, burning in the combustion chamber
may be represented by sudden heat release at the combustor entrance and, if the analysis
of sect 3 is followed, the lift due to combustion can be calculated from the measured
thrust produced, after first subtracting the fuel injection thrust, and allowing for the
thrust generated at the sidewalls. When this propulsive lift is added to the fuel off lift,
then the lift to drag ratio is increased from 1.8 to 2.5. However, when thrust nozzle
combustion occurs, it is evident from fig 4 that the pressure rise in the combustion
chamber is limited and, noting the combustion chamber divergence of the model, the
modest amount Qf heat release which occurs in the combustion chamber can be
approximately accounted for by assurrﬁng that the pressure is constant at the entrance
value. Then, remembering that a portion of the measured thrust is produced at the
sidewalls, and taking this portion in the thrust nozzle to depend on the ratio of the
respective areas of the sidewalls and the thrust surface, the part of the thrust produced
by the thrust surface can be estimated. This can then be used to calculate the propulsive

lift and, when this is added to the fuel off lift, the lift to drag ratio increases from 1.8 to

4.9.

This result for thrust nozzle combustion can only be tentative, as it is based on
qualitative interpretation of the direct connect tests of fig 4. Nevertheless, it is

worthwhile exploring a consequence of the effect on flight performance. The Breguet
o 9) :  doie P ~1

equation  for the range of a cruise vehicle is R =1 sono (%)) L’n(l —c) where R

is the range, / o is the fuel specific impulse and O the fuel fraction at start of cruise.

Taking ¢ =0.5, Uoo =2.45kms" and / sp =835 sec allows this equation to be applied to
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the cruise configuration under the conditions of the experiments. An L/D ratio of 2.5

then yields a range of 3550 km, while an I/D ratio of 4.9 yields a range of 6950 km.

Clearly, propulsive lift is important and, if possible, should be incorporated into
measurements of models for hypersonic flight. An extension of the stress wave force

balance technique 3) may prove effective in this role.

The Mach number of the test flow was 6.4, but it should be noted that the test section
velocity corresponded to a somewhat higher flight Mach number. For example, at an

altitude of 30 km, the mach number would be 7.9.

7. CONCLUSION

Drag measurements in a shock tunnel have demonstrated that the cruise condition, of
zero drag, can be produced at hypersonic speeds by using hydrogen scramjet propulsion.
The test configuration used was a combination of a lifting, cruise, model with its mirror
image, thereby generating a non-lifting configuration. The cruise model was designed
for ease of manufacture, and to be amenable to approximate analysis. The experiments
were conducted at a Mach number of 6.4 but the flow velocity corresponded to a

somewhat higher Mach number.

It was found that the fuel off drag could be satisfactorily predicted by the analysis, but
not the fuel on performance. In the latter case, it was necessary to rely on some
previous direct connect experiments, and these could only assist a qualitative

interpretation of the results.
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The fuel on condition yielded zero drag at a test section stagnation enthalpy of 3.5 MJ
kg’l and this was found to be qualitatively consistent with the results of the direct
connect experiments. It was observed that thrust nozzle combustion occurred during
these direct connect tests, under conditions which approximated those in the model. An
heuristic analysis indicated that thrust nozzle combustion could almost double the lift of
the cruise model, and thereby drew attention to the important role that propulsive lift

could play in hypersonic cruise.
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DRAG MEASUREMENTS IN CARBON DIOXIDE TEST FLOWS USING A
HYPERVELOCITY EXPANSION TUBE
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Abstract

A technique is described for the measurement of aerodynamic drag in a hypervelocity expansion tube
in which the test flow period may be as short as 50 ps. The technique is an extension of the stress wave
force balance first proposed by Sanderson [1]. The tests were conducted in a Carbon Dioxide test flow where
the flow speed was in excess of 7 kms™!. The validity of the technique is first demonstrated by comparing
the forces measured on a range of sharp cones with those expected theoretically. Agreement to within 10%
is achieved. Two re-entry type heat shield geometries were then tested with the experimental drag forces
being compared with a Modified-Newtonian prediction. In both cases agreement to within 11% was obtained.

Key words: Drag measurement, Carbor Dioxide, Expansion tubes, Deconvolution, Hypervelocity, Re-
entry vehicles

1 Introduction

Since the early 1960’s experiments in hypervelocity flows have been conducted using shock tunnels. Shock
tunnels are useful for conducting experiments for aerodynamics and propulsion purposes, at speeds up to Earth
orbital velocities. However shock tunnels are limited in the range of stagnation enthalpies and test velocities
that may be produced.

Free piston driven expansion tubes offer a wider range of stagnation enthalpies and test flow velocities and
are therefore particularly useful in producing flows that are representative of re-entry at near orbital velocities.

The impulsive nature of both shock tunnels and expansion tube facilities restricts the steady test flow period
that is produced. These may be as short as 1 ms for shock tunnels and 50 ps for expansion tubes. Consequently,
tradition force measurement techniques cannot be employed as there is insufficient time for the model and its
support to reach static equilibrium.

Although a number of techniques have been proposed for the measurement of aerodynamic forces in short
duration test flows the most successful has been the stress wave force balance. This technique has been developed
over the last five years to allow force measurements to be obtained on a variety of models in the T4 free piston
shock tunnel, where the test time is around 1 ms.

This paper addresses an extension of this experimental technique to the measurement of drag force in
hypervelocity expansion tube, where the test time is approximately 50 ps. It is envisaged that this measurement
technique will be useful in the study of aerobraking and aerocapture manoeuvres within a Martian atmosphere.

2 Experimental Facility

The experiments were conducted in the X1 facility located at The University of Queensland (Neely et al. [2]).
This facilty was originally designed as a reflected shock tunnel but has been adapted to investigate the mating
of a free piston driver with an expansion tube. The X1 facility is shown schematically in Figure 1.

The free piston driver uses a 3.4 kg piston which is contained within the compression tube. The compressién
tube has an internal diameter of 100 mm and is 2.3 m in length. Both the shock and acceleration tubes have
internal diameters of 37 mm and are 2.08 m and 2.94 m in length, respectively.

The facilty was operated as a free piston driven expansion tube using Carbon Dioxide as the test gas. The
test condition produced approximately 50 us of steady test flow. The typical filling pressures and test flow
conditions, along with their respective uncertainties, are listed in Table 1.

ns



free piston driver
& annular reservoir

?cgelerotion

. shock tube ube /tgst sei:tio‘?
primary ump ton
S Goprragm / \FRR X

}‘} 1I—{T _‘_x;:[n ﬁ —= ?‘rﬂ

| | I

TIITTTI77 7 TITITI?T7 7777777 7

7
~

o] 1.0 2.0 metres
L 1 P Y i al

Figure 1: Layout of the X1 facility.

The facilty is instrumented with ionisation gauges and piezoelectric pressure transducers mounted along
the walls of both the shock and acceleration tubes. These allow measurement of the shock speed and static
wall pressure in both the shock and acceleration tubes. A piezoelectric pressure transducer was also used for
measurements of the centreline Pitot pressure.

Table 1: Typical fill pressures and test conditions for the X1 facility.

Operating Mode Expansion Tube
Driver gas 80% He 20% Ar
Test gas CO,

Acceleration gas He

Fill Pressures

Compression tube (kPa) | 78 kPa He 17 kPa Ar
Shock Tube (kPa) 5 kPa

Acceleration tube (Pa) 100 kPa

Test Flow

Shock velocity (ms™1) 7200 +2.0%
Test velocity (ms™1) 7200! +2.0%
Static pressure (kPa) 15.6 +2.0%
Temperature (K) 2987! +1.9%
Density (kgm™3) 0.0194! +10.0%
Total Enthaply (MJkg~1) 30.13? +2.6%
Specific heat ratio 1.253! +0.2%
Pitot pressure (kPa) 1232 +5.0%
Mach number 7.43! +4.3%

! Quantity obtained from equilibrium chemistry solver.

3 Force Measurement Technique

The force measurement technique presented here is based upon a scaled down version of a prototype stress wave
force balance originally designed by Sanderson [1]. The stress wave force balance design has since been extended
by Tuttle et al [3] and Porter et al [4] such that the technique is capable of resolving forces on a variety of model
configurations, even those producing thrust, Paull et al [5]. All these experiments were conducted in the T4
free piston shock tunnel, located at the University of Queensland. The most significant difference between the
original stress wave force balance and the design presented here is that the time in which forces are able to be
resolved.

The stress wave force balance involves connecting the model to an elastic stress bar and suspending the
arrangement in the test flow so that there is no restriction to movement in the flow direction (see Figure 2).
With the sudden arrival of the test flow a drag force is exerted on the model causing stress waves to propagate
and reflect within the model and the stress bar. These stress waves are measured and recorded using strain
gauges mounted on the stress bar. The dynamic behaviour of the system can be modelled as a linear system
described by the convolution integral,

y(t) = / ot — myu(r)dr (1)

where u(t) is the input to the system (the drag force time history), y(t) is the resulting output (the strain in
the stress bar) and g(t) is the unit inpulse response function. In experiments, the unknown drag on the model
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is determined from the measured output strain signal and the impulse response function. Thus, the problem is
an inverse one and the drag may be found using a numerical deconvolution procedure.

The application of the stress wave force balance presented in this paper scales directly from previous work
conducted in T4 in that the number of reflections of waves within the models during the test times are similar
and the impeadance matching between the models and stress bars are similar. The performance of the proposed
design was tested using dynamic finite element modelling of the arrangement to calculate the response of the
balance to expected tunnel drag time histories. Deconvolution of this output with the impulse responses (also
calculated using dynamic finite element modelling) indicated that the applied load could be recovered.

4 Force Balance Development

The force balance was designed to mount within the test section of the X1 facility and to support a small
model within the test flow. Predictions of the test core, based upon the development of the boundary layer
in the acceleration tube, indicated that the maximum model size was approximately 20 mm in diameter. The
expansion cone produced by the expanding test gas (refer to Figure 2) constrained the model geometry such that
oblique bow shock reflections from the expansion cone would not impinge on the model. This was a particular
concern for conical models.

Based on the above geometrical constraints, three different models were manufactured: a series of sharp
cones ranging in angle from 20° to 45° in increments of 5°, an Apollo heat shield [7] and a Viking heat shield
[8] (refer to Figure 3). All of the models were made from 4140 Steel which was sufficiently robust to withstand
the serverity of the test conditions. The models were threaded into the stress bar.

NOTE:

E— 16 [1] Dimensions in milimetres

[2] Heat shield geometries
scaled from references.

Sharp Cone
a =207 250 307 35 40, 45

Apolio Heat Shield Viking Heat Shield
Figure 3: The model geometries used in the X1 facility.

The brass stress bar of 8 mm outside diameter, 7 mm inside diameter and 550 mm length, was instrumented
with Kulite ULP 120-160 semi-conductor strain gauges. The strain gauges were mounted in a half bridge
(bending compensation arrangement), approximately 60 mm remote from the threaded conection to the model.
This formed the basis of the force balance onto which all the different models could be attached. Brass was
chosen as the stress bar material because it has a relatively low elastic wave speed (3560 ms™!). This serves
to increase the period before stress waves reflected from the downstream end return to the gauge location.
The instrumented stress bar was then suspended in a rigid shielding and aligned so that a small gap remained
between the model and the shielding (refer to Figure 2).
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Note that the arrangement of the stress bar and shielding at the base of the model will influence the base
pressure. The balance geometry has been designed to minimize the pressure acting on the base of the models
by minimizing the gap between the model abd the shielding. A finite gap is necessary in order to allow the
model to be free to move under the influence of the aerodynamic drag. For the present models it is estimated
that this gap needs to be 0.03 mm (but is generally set to 0.5 mm) to ensure that the model does not come into
contact with the buffer during the test time. An estimate of the pressure acting in the base region can be made
by assuming that the pressure in that region starts from the inital test section pressure and rises with time as
gas leaks through the gap.

The dynamic responses of the eight different model/stress bar arrangments were analysed using the finite
element package MSC/NASTRAN. This enabled unit step responses to be obtained for a uniformly distributed
pressure loading on the models. The unit step responses were then used to obtain the unit impulse response
functions which were latter used in the deconvolution of the measured strain time histories.

5 Experimental Results

Experiments were conducted in two stages. The first stage involved verifying the response of the force balance
to short duration tests flows. The second stage involved conducting a series of experiments to obtain drag force
measurements on re-entry vehicle models.

5.1 Verification Of Force Balance

At the chosen test condition the X1 facility produced a steady test flow for a period of approximately 50 ps.
This is illustrated in Figure 4 by a typical centre-line Pitot presure time history. The Pitot pressure time history
is characterised by the initial rise in pressure due to the acceration gas, followed by the arrival of the test gas
after which expansion waves propagate downstream from the driver indicating the arrival of the driver gas.

2750
2500 E—
2250 | driver gas

1750 |

test flow
1500 F

1250

Pitot pressure (kPa)

o500 ) 1 [P EPEP S S SR RSP |
0 25 50 75 100 125 150 175 200

Time (microseconds)

Figure 4: A typical Pitot pressure time history measured in the X1 facility.

Drag measurements were obtained for the conical models through deconvolution of the measured strain
time histories, as described in section 3. The deconvolved drag measurements were then compared directly
to a theoretical drag prediction. The prediction was based upon the inviscid Taylor-Maccoll [6] theory for
an attached conical shock in a perfect gas. The validity of this prediction was verified by calculations of the
combined effect of skin friction and base drag on the model. For all cases the bow shock produced was fully
attached which meant that conditions behind the shock could be used to estimate the effect of skin friction.
The effect of base drag was estimated by modelling the rise in pressure in the base region as the isentropic
flow (from the conditions behind the shock) into the evacuated shielding. The results from these calaculations
indicated that the combined effect of skin friction on the model and pressure acting in the base region (for the
geometrical arrangement shown in Figure 2.) was less than 2% of the net drag on the model during the period
of the test flow.
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Figure 5: A comparison between the measured and predicted drag force on the 30° cone model [CO, at M=T7.4].

A typical deconvolved drag signal obtained from the 30° cone model, along with the predicted drag force,

appears in Figure 5.

Figures 4 and 5 indicate that the deconvolved drag has a similar time history to the measured Pitot pressure,
in that a steady drag level is measured during the period of the test flow. Note that size restrictions in the test
section prevented Pitot pressure and drag measurements being obtained simultaneously. Thus zero on the time

scale is arbitary.
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Figure 6: A comparison of the experimental and theoretical drag coefficients on increasing cone angles [COz at
M=7.4].

Agreement between predicted and experimental drag levels was found to be within 10% for repeated tests on
all the conical models. The difference was attributed primarly to uncertaincies in the test flow conditions which
corresponded to a 12% uncertainty in the measured drag coefficient. The comparison between experimental and
theoretical drag coefficients for the range of cones tested is presented Figure 6. The error bars corespond to the
uncertainty in the experimental results. The results from these experiments indicate that the force balance can
be used to measure forces in short duration test flows. 6
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5.2 Drag Force Measurements On Re-entry Heat Shields

The force balance was then used to obtain drag measurements on the Apollo and Viking heat shield models, as
depicted in Figure 2. Theoretical predictions for the drag on these models were made using the finite element
meshes of the models described in Section 4 and a Modified-Newtonian flow solver. An example of the finite
element meshes for the Apollo heat shield used is presented in Figure 7.
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Figure 7: The finite element mesh of the Apollo heat shield used in conjuction with the Modified-Newtonian
flow solver.

Figures 8 and 9 illustrate typical deconvolved drag measurements along with theoretical predictions for the
Apollo and Viking heat shield models respectively, plotted for the duration of the test flow. Inital overshoot
in the measured drag time history has been attributed to the time associated with the formation of the bow
shock over the blunt model. This result was also observed in the drag time histories of the conical models. In
general, increasing cone angle caused a larger initial overshoot in the drag. The formation of the bow shock
wave, resulting in an overshoot in the pressure/force time history, is reported by Davies [10].

Figures 8 and 9 again indicate that the deconvolved drag history follows the Pitot pressure time history.
Repeat shots on both models were used to obtain drag coefficients specific to the measured test conditions.
This showed that agreement between experimental and predicted drag levels was to within 11%. This is also
consistent with the uncertainty of test conditions produced by the X1 facility and the inherrent inadequacies of
the Modified-Newtonian flow solver. The effect of skin friction and pressure in the base region was less signicant
for the re-entry models than the conical models. This is due to the bluntness of the models. Therefore this did
not represent a significant uncertainty in obtaining drag force predictions. The measured and predicted drag
levels results for all tests were averaged and appear in Table 2.
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Table 2: Average measured and predicted drag
coefficients for typical re-entry heat shields [CO; at M=7.4]

Model Cp(measured) CD(prcdicted)
Apollo Heat Shield 1.56 1.60
Viking Heat Shield 1.81 1.65

6 Conclusion

An extension of the force measurement technique has been developed for use in a free piston driven expansion
tube. Preliminary tests were used to verify the response of the force balance to the short duration test flows
that are typical of expansion tubes. The force balance was then used to obtain drag measurements on two
re-entry type vehicles shapes, in Carbon Dioxide test flows. In general, agreement between experimental and
predicted drag levels was found to be within 11%.

The sucessful measurement of drag forces in the X1 facility extends the usefulness of short duration hyperve-
locity facilities, especially in the area of aerobraking and aerocapture studies. This is envisaged to be important
for the development of interplanetary flight vehicles.
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A Two Stage Free-Piston Driver for Expansion Tubes
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Abstract

A new free-piston driven expansion tube facility
has been designed and constructed at the Uni-
versity of Queensland. This paper presents some
results from the commissioning of the driver unit.
The driver is a unique two stage free-piston de-
vice employing a compound piston consisting of
two separate parts. Experimental results outline
the performance of the two stage machine and
show its feasibility for driving an expansion tube
facility.

1 Introduction

There is currently considerable interest in the
use of potential aerobraking spacecraft used for
interplanetary missions'—3. These missions re-
quire very large Earth re-entry velocities (13-16
kms~?!). The flowfields surrounding such craft
involve a complex mix of dissociation, ionisation
and radiation making accurate calculations diffi-
cult. Computational fluid dynamics (CFD) codes
require experimental data for validation purposes,
however to date there are limited experimental
facilities which can produce these high enthalpy
flows.

One method of producing high enthalpy (80-
130 MJkg™!) flows in air is the super-orbital ex-
pansion tube!. Here, we define super-orbital as
a velocity in excess of low Earth orbital veloc-
ity (7.9 kms~!). This facility type uses a free-
piston compressor and an array of three shock
tubes, as shown in fig. 1. Here, the enthalpy
multiplication effect of expansion tubes is used
to produce the high velocities required for super-
orbital simulation. In order to produce the neces-
sary high shock speed through the air filled shock
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tube, the free-piston driver performance is en-
hanced by the addition of an upstream, helium
filled shock tube, the secondary driver tube. By
operating the secondary driver tube in an overtai-
lored mode, a higher effective driver temperature
can be obtained®.

Useful test-flows have been obtained in a small
scale pilot facility? (38 mm test jet) and it is
planned to build facilities with increased test sec-
tion cross-sectional areas. To build these facilities
within the limits of a typical university budget,
a different free-piston driver design is required.
Conventional, single bore free-piston drivers make
use of a large area change at the diaphragm sta-
tion. This is done so an increased shock speed can
be achieved for a given burst pressure. Also, by
maintaining piston speed after rupture, the driver
gas pressure can be sustained thus preventing un-
steady expansion waves disrupting the test flow.
However, for a large scale facility (200 mm shock
tube bore) capable of 200 MPa burst pressures,
this area change becomes expensive in terms of
materials and fabrication. Even though a higher
burst pressure is required, the overall facility cost
can be reduced by using a driver whose bore
i1s approximately the same as the driven shock
tubes. 1n addition to this, numerical simulations
by Jacobs® reinforce the suspicion that any area
change at the end of the compression tube can
provide a mechanism for waves which are detri-
mental to shock tube flows.

A constant-area driver requires an adequate
volume of gas behind the diaphragm prior to rup-
ture in order to delay the reflected unsteady ex-
pansions from distrubing the test flow. In a single
bore free-piston driver, ths would equate to un-
feasibly long compression tubes (approximately
100 metres in length). To reduce the compression
tube length, a two stage driver has been devel-
oped. Basically the driver works using a principle

similar to two stage reciprocating compressors’.
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A schematic of the concept is shown in figure 2.

The adiabatic compression process is charac-
terized by an initial low pressure rise with a large
swept volume followed by a rapid pressure rise
during the final stages of compression. By us-
ing a large bore first stage compression tube, the
required volumetric compression can be achieved
in a reduced overall length. The low pressures
in the first stage allow a light wall tube to be
used, further reducing facility cost.Two concen-
tric pistons, a light aluminium outer and a heavy
stainless steel inner, perform the bulk of the voi-
ume compression in the first stage at low pressure.
The pistons then separate at a location where ap-
proximately 85% of the available reservoir work
is converted to piston kinetic energy. The light
outer piston is stopped and the heavy inner pis-
ton, which contains the majority of the energy, is
used to compress the driver gas to its final condi-
tions in the second stage. In order to study the
operational characteristics of the two-stage free-
piston driver, the medium sized expansion tube
facilty, X-2 has been constructed. This paper will
present some of the results from the commission-
ing of the driver section.

2 Basic Theory

Preliminary operating performance and benefits
of two-stage free piston drivers over conventional
single stage machines can be seen by consider-
ing some simple gas dynamic theory. Perhaps
the two most important criteria for assessing the

two-stage driver are size (length) of the final gas
slug and its temperature before diaphragm burst.
The temperature can be achieved by using a suffi-
ciently high compression ratio, while the final gas
slug length depends upon the geomtery of the fa-
cility. The designer must be careful in selecting
the geometry of the driver as it influences safety
as well as operational issues.

Theory assuming ideal gas behaviour outlined
by Morgan® can be used to provide an estimate
of facility performance with respect to a partic-
ular chosen geometry. Here, the geometry of X-
2 will be used. Figure 3 shows the increase in
slug length available over single stage machines
for various area ratios (Agr) and stage one com-
pression ratios (A;). Figure 4 shows the variation
of the compound piston pressure ratio (P4/P;)
with A; and compression ratio (A). If the pres-
sure ratio of the driver gas to the reservoir gas
(P4/P;) becomes greater than unity before the
second stage, a potentially dangerous situation
exists. The more massive inner piston possesses
a higher inertia than the aluminium outer there-
fore if an acceleration reversal occurs, the pistons
may separate prematurely, causing damage to the
facility. The geometry and operating conditions
can be chosen so as to minimise this risk.

These results illustrate that in order to keep
P4/ P: below unity over a large range of compres-
sion ratios, A; must be kept below 6. Also, by
limiting the area ratio to 9 (to keep the first stage
bore a practical size) 3 to 4 times the slug length
of compressed gas generated in a single stage ma-
chine can be used if X is kept between 4 and 6.

<
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Alternatively, this ratio can be thought of as the
decrease in length a two stage driver offers over
conventional drivers for the same amount of driver
gas, at the same condtions before diaphragm rup-
ture.

This analysis allows a convenient way of siz-
ing the components for X-2 and for showing the
benefits of the two-stage free piston driver for a
constant area diaphragm station facility.

3 The X-2 Facility

The X-2 facility layout is shown in figure 5. The
driver uses a large reservoir to accelerate the pis-
ton. The reservoir volume is 0.23 m3 and is ap-
proximately three times the volume of the com-
pression tube.

The compound piston is required to be accel-
erated to a high speed (50-100 m/s) within the
first stage (1.1 metres of compression allowed) and
because the first stage has a large bore (273 mil-
limetres), a piston launch mechanism is required
which provides little flow resistance to the reser-
voir gas. For this reason a double diaphragm ar-
rangement is used to launch the piston. The di-
aphragms are clamped in a pre-deformed groove
around their periphery which allows only a small
clamping area with respect to the bore (25%).
The diaphragms used for the results shown in this
paper were unscored 0.6 mm thick aluminium.
Using these diaphragms the reservoir pressure can
be varied from 800 kPa to 1.6 MPa, for the results

shown here the reservoir pressure was varied be-
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tween 1.1 MPa and 1.25 MPa.

A sketch of the compound piston arrangement
is shown in figure 6. The large outer piston is
used as a sabot or carrier piston for the much
heavier inner piston. The outer piston is made
from a structural grade aluminium and weighs 8
kg. Bearing surfaces for the outer piston consist
of a molybdenum sulphide and carbon/graphite
doped teflon material (Lussint 332). The piston
is sealed with an o-ring supported in a special
dove-tail groove at the rear of the piston.

The heavy inner piston is constructed from
AISI 316 stainless steel and has a mass of 16 kg.
The piston uses a high pressure chevron seal at
its front which is of a similar design to that used
on the T4 and TS pistons. Two sets of brakes are
fitted to the inner piston. These are required to
prevent the inner piston from destroying the outer
piston in the event of the diaphragm not burst-
ing, or in a “blanked off” test. The brakes rest
on conical seats and are split into four shoes per
seat (see figure 7). The shoes consist of an alu-
minium base with an automotive friction material
bonded to the top surface. A pressure sensitive
teflon tape is fixed to the conical surface of the
shoes which minimises the friction between the
shoes and the piston. When the piston under-
goes a large acceleration reversal, such as when
the pressure reaches its peak during the compres-
sion process, the brake shoes deploy, sliding up
the conical surface and engaging the friction ma-
terial with the bore of the compression tube. The
taper angle is chosen such that there is minimal
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slippage after the brakes are engaged. In practice
it is noticed that there is between 100 and 375 mm
of slippage during a blanked off test. An o-ring
is used on each set of brakes to keep them secure
during piston handling and inner piston transfer
to the second stage.

The first stage compresson tube provides the
bulk of the compression process, which is done
at low pressure (up to 2% of burst pressure).
The outer piston is stopped at the end of the
first stage by the use of a cylindrical, composite
polyurethane buffer (fig. 8), bonded to a mount-
ing plate attached to the end wall of the second
stage. By sandwiching stainless steel plates be-
tween polurethane pads, tensile stresses are set
up in the free surfaces of the pads , effectively in-
creasing the stiffness of the overall composite. By
varying the length of the pads and the number
of plates®, the stiffness of the buffer can be tai-
lored to suit a certian range of impact energies.
An elastomer material such as polyurethane has a
distinct advantage over a gas dynamic buffer. In
this case, the piston is required to be stoppped in
a short distance (90 mm), an elastomer provides 2
high retardation force over the duration of the de-
celeration. A gas dynamic buffer has an expoten-
tial increase in retardation force, which equates
to very high pressures (100 MPa) if the piston is
to be stopped in a short distance. Initially, stress
waves in the elastomer supplies a high stopping
force. Towards the end of the stroke, the natu-
ral spring characteristics of the elastomer allow
a stopping force of the same order as the initial
stress wave.

The current buffer has been designed to with-
stand a 17 KJ impact which equates to a 8 kg
piston travelling at 65 m/s. The size of the buffer
also affects the first stage compression ratio (A1).
As mentioned previously, the overall performance
is sensitive to this ratio and must be kept large
enough for an adequate volume of compressed
driver gas. The current buffer allows A, = 4.3.

POLYURETHANE PADS

7

é___ DIRECTION OF PISTON TRAVEL

NYLATRON

A

THIS END
BONDED TO
ENDWALL OF
SECOND STAGE

HOLES STAINLESS STEEL
PLATES

Figure 8: Composite Polyurethane Buffer, Sec-
tioned View

An array of 24 holes is drilled around the rear
mount (nylatron). These holes are required to
vent any gas trapped in the front cavity of the
outer piston to the second stage. Any driver gas
not compressed into the second stage results in re-
ductions in facility performance. Also, these holes
provide a safety feature. In the event of a buffer
failure, the plastic flow area around the vent holes
limits the force transmitted to the facility to a safe
value.

After the pistons separate, the inner piston
travels down the second stage compression tube,
where it compresses the driver gas to its final con-
ditions and brings itself to rest before diaphragm
burst. The second stage is of a multi-wall design,
with an 18 mm thick sleeve interference fitted via
liquid nitrogen cooling along the bore. The in-
ner bore is 91 mm and the outer diameter is 225
mm. In order to compensate for any misallign-
ment of the first and second stages, a tapered ny-
lon conical entrance is provided for the second
stage, allowing the inner piston some protection
as it traverses the area transition.

At the end of the second stage is a diaphragm
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station which can accomodate up to a 5 mm stain-
less steel diaphragm and is designed to withstand
a 100 MPa impulsive load. The pressure loading
occurs over a very short time frame (40-60 ms)
with the highest pressure rise occuring typically
over the last 5 ms. This induces stress waves in
the driver and shock tubes which are not normally
present in a static pressure vessel. The transient
stress loading is accounted for in the design stage.
The diaphragm is held in place with the use of a
free-piston clamp. This clamp transmits an ini-
tial pre-load to the diaphragm from the tourque
developed by tightening the capstan nut. As the
pressure increases in front of the piston during op-
eration, a small space allows this pressure to work
on a large area of the free-piston clamp, making
the axial load on the diaphragm directly propor-
tional to the burst pressure. This ensures a large
clamping load on the diaphragm, preventing slip-
page during operation.

The two-stage driver will be used to generate
flow in 10 metres of shock tubes with an eighty-
five millimetre nominal bore. These tubes are ma-
chined into seven lengths varying in length from
2.5 metres to 500 millimetres. The tubes have
been constructed from ex-World War 2 17 pound
anti-tank gunbarrels.

The test section/dump tank has been con-
structed from the reservoir of an ex-submarine
torpedo launcher. It has dimensions of 500 mm
bore and is 1500 mm long. In order to achieve the
very low pressures rquired for super-orbital test-
ing (fill pressures 1-20 Pa), a 13 inch Edwards oil
diffusion pump has been fitted to a large flange
welded to the dump tank wall. Four access ports
90 degrees apart are provided at the test section
end for instrumentation and optical access.

4 Experimental Results

Results from the commissioning the X-2 two-stage
driver section will be presented here. In order to
test the energy absorbing capacity of a rubber
buffer first used for stopping the outer piston, a
dummy 17.5 kg steel piston was constructed. This
piston is essentially the same design as the alu-
minium outer piston shown in figure 6, however
the inner piston holder has been removed. The
dummy piston is loaded into the first stage only
(no inner piston) and conditions are selected so
the piston strikes the buffer with a predetermined
amount of energy. These tests are also useful for
studying the unsteady flow past the area transi-
tion into the second stage. If a heavier driver gas

is used, such as nitrogen or argon, calculations
show the Mach number at the area transition can
approach unity. This increased Mach number sets
up a non-uniform pressure distribution within the
compression tube affecting the piston dynamics.
As heavier driver gases will be required to be used
in the two-stage driver for sub-orbital expansion
tube operation it is benificial to understand this
process.

Figure 9 compares the experimental results ob-
tained during a dummy piston run with a numer-
ical simulation. Numerical results are obtained
by using a quasi-one-dimensional Langrangian
code®. Breifly, this code uses engineering corre-
lations for viscous effects and point mass dynam-
ics for piston motion. The initial gas volumes
are split into a number of cells and are allowed
to interact using an approximate Riemann solver
which computes cell interface pressures and ve-
locities. The results shown here use an initial air
reservoir pressure of 1.1 MPa and a 200 kPa ni-
trogen driver gas. Pressure was measured 30 mm
upstream of the primary diaphragm station using
a piezo-electric ceramic pressure transducer. The
driver was “blanked off” using a steel plate at the
diaphragm station. Good agreement between ex-
periment and simulation is observed. Peak pres-
sures match within 6%. Figure 10 displays the
Mach number at the area transition as calculated
by the numerical code. This result demonstrates
that the flow past the area transition can be ad-
equately modeled for a heavy driver gas.

Dual piston experiments were also performed.
For these tests, a helium driver gas was used. The
driver was again “blanked off” for the results pre-
sented below. A number of experimental runs
were performed, examining the peak pressures ob-
tained and comparing them to theory based on
ideal gas theory. It was found that during the
dual piston expriments, the natural rubber buffer
was filling all of its available volume during outer
piston impact. This was causing slight deforma-
tion of the outer piston each shot and the buffer
was exchanged to the polyurethane/stainless steel
plate design discussed in the previous section.
Both the rubber and polyurethane buffers showed
excellent impact properties with no measurable
changes in dimensions from run to run. The
buffer strain was kept below 30% in all cases.

Figure 11 is an example of a typical pressure
trace record (measured 30 mm upstream of the
diaphragm station) of a dual piston run. The
trace shows an early pressure rise which sud-
denly changes slope with some oscillations super-
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imposed upon it. The change in slope corresponds
to the point where the inner piston is transferred
into the second stage. The change in slope oc-
curs due to both the instantaneous change in pis-
ton acceleration (as both the mass drops and the
reservoir pressure is removed at piston transfer)
and the change in rate of volumetric compression
at the area change.. The slight oscillations can
be explained as weak expansion waves generated
by the acceleration change. These oscillations are
quickly damped out as the inertia of the inner pis-
ton compresses the gas to its peak pressure. At
this point, the brakes on the piston should be de-
ployed against the wall of the compression tube.
The piston rebounds as the brakes bind bring-
ing the piston to rest with between 3 and 5 MPa
residual pressure in front of the piston.

Figure 12 is a graph of initial reservoir pres-
sure (P.) normalized by the initial driver gas fill
pressure ( Py;) versus the peak driver gas pressure
(Py) normalized by the initial reservoir pressure.
Compared against the exerimental data are the-
ory lines, calculated using ideal gas theory (sec-
tion 2). It can be seen that for the case with no
losses an approximate 1.5 times higher burst pres-
sure is expected. If a 15% inner piston kinetic
energy loss term is included, a more reasonable
agreement exists. This loss term is included by
reducing the expected kinetic energy of the inner
piston at the start of the second stage by 15%.
There are a number of factors which may cause
this loss in piston energy:

o Non-ideal expansion of reservoir gas. This
is unlikely due to the good agreement of the
dummy piston tests with numerical results.

o Excessive friction during piston transfer. A
small misallignment might cause some excess
friction against the conical nylon lead-in in-
sert to the second stage.

e Premature brake deployment. The inner pis-
ton is under constant deceleration along the
length of the second stage, this might par-
tially deploy the brakes causing slight rub-
bing against the tube wall.

These results show that the two stage driver per-
forms in a similar manner to conventional free-
piston machines and in accordance with simple
gas dynamic theory. This suggests the two stage
free-piston concept is a feasable driver design for
an expansion tube facility.

5 Conclusions

A two stage free-piston driven expansion tube fa-
cility has been constructed at the University of
Queensland. The facility uses a unique free-piston
design which allows a constant area between the
driver and driven tubes. A compound piston is
employed in two stages which drastically reduces
the overall length of the free-piston unit.

The driver section has been tested with a steel
dummy piston and dual aluminium and stain-
less steel pistons. The steel dummy piston tests
showed the effect of the increased Mach number
at the area change when using a heavy driver
gas. The dual piston tests showed the perfor-
mance of the device to be similar to conventional
free-piston machines. The experimental data was
described well by ideal gas theory if a 15% me-
chanical loss term was included. This suggests the
two stage free-piston concept is a feasible driver
design for an expansion tube facility.

Future work for the X-2 is the determination of
a bulk driver temperature by shock speed mea-
surements. A super-orbital test condition will
then be found, bringing the facility to full opera-
tional status.
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Mass spectrometer measurements of the freestream flow
in the T4 free piston shock tunnel

R. R. Boyce, M. Takahashi*, R. J. Stalker
* Present address : Kakuda Research Center, National Aerospace Laboratory, Japan
Background

The design of the next generation of space vehicles is heavily dependent on both ground
testing facilities and on Computational Fluid Dynamics (CFD). As well, CFD technology is
heavily dependent on ground testing facilities for validation. Ground testing facilities that
can simulate the real gas effects encountered in reentry are thus extremely important.

One aspect of ground testing that is very important and has been a source of difficulty in the
past is the issue of the knowledge of the test flows produced. Accurate knowledge of the
values of the freestream parameters is essential for : (i) undertaking fundamental
fluid/chemical phenomena studies; (ii) relating different ground tests to each other; (iii)
scaling ground test results to full scale flight; and (iv) providing the necessary input data for
CFD codes, in the context of CFD validation or for using CFD to aid in the interpretation of
experimental results.

The freestream temperature and composition in high enthalpy wind tunnels such as free
piston shock tunnels (Stalker, 1972) are usually not measured directly, but are inferred from
nozzle flow calculations which use knowledge of the nozzle reservoir conditions and
assumptions concerning the fluid dynamic and thermochemical processes in the nozzle
expansion flow. There is evidence, both theoretical (Park, 1990) and experimental
(MacDermott & Dix, 1972 and Skinner & Stalker, 1996), that indicates that the flow solvers
used to compute nozzle expansions of highly dissociated air do not correctly model the
nonequilibrium rate processes in the expanding flow. The flow solvers most widely used in
impulse facilities are steady state quasi-one-dimensional inviscid nonequilibrium chemistry
codes such as NENZF (Lordi, Mates & Moselle, 1965), and steady state two-
dimensional/axisymmetric inviscid nonequilibrium chemistry codes such as SURF (Rein,
1989). NENZF constrains vibration to be either frozen at the nozzle reservoir temperature or
in local equilibrium with the translational temperature throughout the flow. SURF uses the
sudden-freeze approximation for the vibrational relaxation for a user-specified freeze
temperature. These assumptions lead to incorrect values for the freestream parameters,
particularly the freestream composition which deviates from that of atmospheric air due to
the high enthalpy levels associated with shock tunnel flows.

The behaviour of vibrational and chemical rate processes in compressing flows, for example
flows after strong shock waves, is modelled well, particularly when using two-temperature
models (Park, 1990). On the other hand, the process of vibrational relaxation in expanding
flows is not completely understood, and is usually modelled with the Landau-Teller formula
derived empirically from data from shock wave flows. The empirical constants in the
formula are not necessarily valid for expanding flows (see for example Blom et al, 1970)
since high vibrational levels tend to be overpopulated relative to equilibrium distributions in
expanding flows, resulting in a stronger contribution from anharmonicity than for shock
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wave flows. Furthermore, if the nozzle flow is dissociated, as it is for shock tunnels, atomic
recombination is affected by the high vibrational state overpopulation. Recombination occurs
preferentially into these levels, particularly oxygen recombination, which is the rate limiting
process in the chemical relaxation. Chemical reaction rates are typically not derived from
expanding flow experiments, and will not accurately account for the above effect when used
in nozzle flow codes. Thus the flow solvers that are generally in use today are based on
chemistry and vibration relaxation assumptions that are not necessarily applicable to
expanding flows.

The freestream composition is a sensitive indicator of the correctness of the modelling of the
relaxation in the nozzle flow, and to date there has only been limited experimental
measurements of the composition for high enthalpy facilities. Direct simultaneous
measurements of species concentrations have consisted to date of time-of-flight mass
spectrometer measurements in the AEDC arc-heated wind tunnel (MacDermott & Dix, 1972)
and more recently in the T4 free piston shock tunnel (Skinner & Stalker, 1996). The results
from the two tunnels are qualitatively in agreeance. In both cases, a deviation was observed
from predictions using standard nozzle flow solvers (such as NENZF) of the measured
relative species concentrations in the test gas. In particular, the relative concentration of NO
was found to be higher, and the extent of oxygen dissociation an order of magnitude lower,
than predicted over a broad range of stagnation enthalpies. These experimental results
suggest that the suspicions of the flow solvers are well founded. However, the spectral
resolution obtained by Skinner (in particular that of the NO spectral peak) was low, and
electrical noise was significant throughout his data. Solutions to these problems, and more
extensive experimental measurements of freestream species concentrations, are needed to
improve the quality of results derived from high enthalpy ground based facility research.

The work presented here consists of an extensive series of experiments in which an improved
version of the time-of-flight mass spectrometer of Skinner & Stalker (1994) has been
employed to measure the freestream composition of the T4 free piston shock tunnel.

Improvements to the mass spectrometer

The key features of the mass spectrometer are : (i) a system of hollow conical skimmers that
sample and expand the test gas, forming a molecular beam; (ii) a pulsed electron beam that
ionises species in the molecular beam; (iii) a series of cylindrical electrodes that deflect and
accelerate the ions into the drift tube; and (iv) an electron multiplier that detects the arrival of
the ions (separated according to their mass) at the end of the drift tube.

An evaluation of the problem areas of the mass spectrometer was made, the main ones being

(i) the charge-to-voltage amplifier possessed large baseline noise characteristics

(ii) oil contamination of the electron multiplier detector due to its location immediately
above the oil diffusion pump

(iii) poor ducting after the ionisation/deflection region, leading to a buildup of background
molecules which scatter the ions and limit the spectra resolution
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(iv) the mass spectrometer was housed in a large flexible rig, which renders it susceptible
to stress and cracking when exposed to the shock tunnel environment and during
installation into the tunnel, leading to poor vacuum

These problems were addressed in the following manner. A new charge-to-voltage amplifier
was designed and manufactured in-house. A very strong, inflexible frame was designed and
manufactured, along with a rail system that enables the mass spectrometer in its frame to be
easily installed/removed from the tunnel, and easily traversed across the test section. The
new frame ensures that the mass spectrometer is not allowed to flex under stress, and
therefore helps to ensure the vacuum integrity of the instrument. A new interface wall
section for the test section was designed and manufactured that allows the various tubing to
the mass spectrometer to be easily connected/disconnected. This aids in maintenance/repair
which is occasionally required while the instrument is in T4. Improvements were made to
certain flanges/joints to improve the ability of the instrument to attain high vacuum. The
main diffusion pump was moved downstream away from the electron multiplier cavity to
prevent oil mist contamination of the electron multiplier. A new cavity was designed and
manufactured, and a new high vacuum stainless steel connecting section between the
diffusion pump and the cavity was designed and manufactured. A modified ioniser/deflector
was designed and built to improve the alignment of the ion beam with the drift tube. Finally,
a new faster cathode ray oscilloscope was purchased for data acquisition.

Current experiments

With the improved mass spectrometer, an extensive series of experiments were performed in
which the centre-line freestream composition produced by a nominal Mach 5 contoured
nozzle was measured. The stagnation enthalpy was varied from 2.5 to 17 MJ/kg, and the
nozzle supply pressure varied from 12 to 40 MPa (by means of varying the primary
diaphragm thickness from 2 to 5 mm mild steel). The relative peak area in any mass
spectrum produced by the time-of-flight mass spectrometer does not directly correspond to
the freestream composition - effects such as mass separation in the skimmer system (see, for
example, Knuth (1995)), different ionisation efficiencies, dissociative ionisation, and
different ion collection efficiencies, lead to the relative amounts of each species reaching the
detector being different to that of the freestream. Apart from the ionisation effects (which are
documented for most species of interest in the literature), the effects are primarily mass
dependent, and so a large number of calibration experiments were performed. These
calibration shots consisted of measurements of test gases containing known mixtures (N,/Ar,
N,/He, O,/He, Ny/H,), to determine relative peak area calibration factors on the basis of
relative mass. The lowest enthalpy air shots (for which dissociation should be negligible)
were also used for this purpose.

Finally, an investigation into a possible mechanism for early driver gas arrival in the test
section was conducted. A 22 mm thick plate covered in a honeycomb of 12 mm orifices was
placed between the compression and shock tubes to break up vortices produced by
compression tube wall boundary layer gas being scooped up and jetted forwards by the
piston motion.

Complete mass spectra were obtained every 53 us throughout the flow duration, and were
averaged in groups of five to improve the signal-to-noise ratio. Figure 1 shows a comparison
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between typical raw data (unaveraged) produced by the original mass spectrometer (the
Mark 1a) and the current improved version (the Mark 1b), as well as a typical complete mass
spectrum from the current instrument. The improvement in peak resolution with the current
version is evident, aided mainly by the improved amplifier and relocation of the diffusion

pump.
Results

The results of the experiments are presented below in three parts : the freestream test gas
composition (components of air); driver gas arrival times; and the early driver gas arrival
mechanism investigation.

Figures 2 to 5 present measured and theoretical peak areas for N, O, O, and NO, relative to
the N, peak area, as a function of the stagnation enthalpy for the 2 mm primary diaphragm
case. The other diaphragm cases produced identical trends. The solid theoretical curve
represents nonequilibrium chemistry / equilibrium vibration freestream calculations made
with NENZF. The short-dashed curves represent relative peak areas for room temperature
air. The non-zero levels for N and O indicates the degree of dissociative ionisation of N, and
O, produced by the mass spectrometer (and which is accounted for in the calibration factors
taken from the calibration and low enthalpy air shots). The long-dashed curves represent
freestream compositions frozen at the nozzle reservoir levels. The irregularities in the
theoretical curves are because calculations were only done at the experimental conditions
(for which different pressure sometimes occur for a given enthalpy) and joined by straight
lines in the figure.

The results suggest that the mass spectrometer is detecting no monatomic nitrogen or oxygen
(to within experimental uncertainty) other than that produced by dissociative ionisation in
the instrument, even at flow conditions where significant freestream dissociation is expected.
The level of O, detected is greater than predicted with NENZF, while the level of NO agrees
with the theoretical predictions. While these results may cast doubt on the validity of the
theoretical predictions, they are also consistent with possible catalytic recombination
phenomena in the skimmer system (Stoekle, Auweter-Kurtz & Laure, 1996; Caram et al,
1994). Over the range of enthalpies investigated, the level of freestream N is expected to be
very small (and this is supported by the current results), and so any NO produced by catalytic
recombination would be very small. On the other hand, the amount of O, produced is
potentially large, as is the amount of O lost, and this is observed and is consistent with
Skinner’s results. The NO result is not consistent with that of Skinner, probably a result of
the improved peak resolution in the current experiments.

Figure 6 presents the arrival time of driver gas (10% of the total mixture) in the test section
as a function of stagnation enthalpy. The results extend the previous work of Skinner (1995)
to the low enthalpy range covered by the driver gas detector of Paull (1995). Skinner’s and
Paull’s results are also shown in the figure. The current results agree with both Skinner and
Paull.

Finally, Figure 7 shows a comparison of driver gas arrival times, as a function of stagnation
enthalpy, for experiments with and without the orifice plate described above. It seems from
the results that the orifice plate marginally improves the driver gas arrival problem, but the
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level of scatter in the current driver gas measurements makes a quantitative conclusion in
this case difficuit.

Conclusion

In conclusion, a number of important improvements have been made to the time-of-flight
mass spectrometer, and these have resulted in an improved peak resolution. Measurements of
freestream test gas composition over an extensive range of stagnation enthalpy and nozzle
supply pressure have provided results that are consistent with possible catalytic
recombination in the skimmer system. Measurements of driver gas arrival in the test section
are consistent with previous measurements by Skinner and Paull. Investigations of a possible
significant mechanism for early driver gas arrival (that of vortices produced from
compression tube wall boundary layer jetting) suggest that this mechanism may contribute to
early driver gas arrival, but the extent of this has not been determined due to the scatter of

_the results. Work planned for the near future consists of investigations of the skimmer
system (in particular, experimenting with various skimmer materials and coatings), with the
aim of confirming and reducing the effects of catalytic recombination.
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